UNCLASSIFIED 


AD  NUMBER 


AD901465 


NEW  LIMITATION  CHANGE 
TO 

Approved  for  public  release,  distribution 
unlimited 


FROM 

Distribution  authorized  to  U.S.  Gov't, 
agencies  only;  Test  and  Evaluation;  Apr 
1972.  Other  requests  shall  be  referred  to 
ASD[SDQR],  Wright-Patterson  AFB,  OH, 
45433. 


AUTHORITY 


AFFDL  ltr,  12  Nov  1973 


THIS  PAGE  IS  UNCLASSIFIED 


AD901465 


A 

F 

F 

T 

C 


■  ■"»-  - 


F  i  u-  > 


VOLUME  I  OF  II 

FLIGHT  TEST  AND  WIND 
TUNNEL  PERFORMANCE 
CHARACTERISTICS  OF  THE 
X-24A  LIFTING  BODY 

LAWRENCE  G.  ASH 
Captain,  USAF 

Aerospace  Research  Engineer 


TECHNOLOGY  DOCUMENT  NO.  71-8 


JUNE  1972 


D  D 

G2EEDQ 

jul  14 


c 


UEi^Eini 


IE 


19* 


Lb 


Distribution  limited  to  U.S.  Government  agencies  only 
(Test  and  Evaluation),  April  1972.  Other  requests  for 
this  document  must  be  referred  to  ASD  (SDQR),  Wright- 
Patterson  AFB,  Ohio  45433. 


AIR  FORCE  FLIGHT  TEST  CENTER 
EDWARDS  AIR  FORCE  BASE,  CALIFORNIA 
—•AIR  FORCE  SYSTEMS  COMMAND  — 
UNITED  STATES  AIR  FORCE 


Qualified  requesters  may  obtain  copies  of  this  report  from  the 
Defense  Documentation  Center,  Cameron  Station,  Alexandria, 
Va.  Department  of  Defense  contractors  must  be  established  for 
DDC  services,  or  have  "need  to  know"  certified  by  cognizant 
military  agency  of  their  project  or  contract. 


DDC  release  to  OTS  is  not  auth  jrized. 


When  US  Government  drawings,  specifications,  or  other  data  are  used  for 
any  purpose  other  than  a  definitely  related  government  procurement  opera¬ 
tion,  the  government  thereby  incurs  no  responsibility  nor  an^  obligation 
whatsoever;  and  the  fact  that  the  government  may  have  formulated,  furn¬ 
ished,  or  in  any  way  supplied  the  said  drawings,  specifications,  or  other 
data  is  not  to  be  regarded  by  implication  or  otherwise,  as^n  any  manner 
licensing  the  holder  or  any  other  person  or  corporation,  or  conveying  any 
rights  or  permission  to  manufacture,  use,  or  sell  any  patented  invention 
that  may  in  any  way  be  related  thereto. 


Do  not  return  this  copy.  Retain  or  destroy. 


AF5C-EDWARDS  AFB.  MUROC  CAL 


VOLUME  I  OF  11 


FLIGHT  TEST  AND  WIND 
TUNNEL  PERFORMANCE 
CHARACTERISTICS  OF  THE 
X-24A  LIFTING  BODY 


LAWRENCE.  G.  ASH 
Captain,  USAF 

Aerospace  Research  Engineer 


Distribution  limited  to  U.S.  Government  ogencies  only 
(Test  ond  Evaluation),  April  1972.  Other  requests  lor 
this  document  must  be  referred  to  ASD  (SDQR),Wright- 
Patterson  AFB,  Ohio  45433. 


FOREWORD 


This  technology  document  presents  the  performance  characteristics 
of  the  X-24A  lifting  body  obtained  from  flight  data  and  compares  them 
with  wind  tunnel  predictions.  The  X-24A  flight  test  program  began  17 
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The  objectives  of  determining  the  performance  characteristics  of 
the  X-24A  lifting  body  from  flight  test  data  and  correlating  these  re¬ 
sults  with  wind  tunnel  predictions  were  successfully  accomplished.  Lift 
and  drag  characteristics  were  computed  from  onboard  measured  accelera¬ 
tions  and  flight  conditions  while  the  vehicle  was  in  gliding  flight. 
Performance  data  .were  obtained  over  Mach  number  and  angle  of  attack 
ranges  of  0.26  to  1.5  and  1.5  to  19.6  degrees,  respectively.  Discrepan¬ 
cies  were  apparent  between  different  wind  tunnel  predictions.  However, 
flight  test  data  generally  exhibited  lower  lift  and  slightly  lower  drag 
than  wind  tunnel  predictions  with  the  result  that  flight  test  and  wind 
tunnel  L/D  values  were  in  reasonably  good  ^agreement .  Effects  of  Mach 
number,  vehicle  control  surface  configuration,  and  landing  gear  deploy¬ 
ment  on  performance  parameters  were  determined.  Degradation  of  flight 
performance  at  low  subsonic  Mach  numbers  was  attributed  to  tip  fin  flow 
separation.  In  Volume  II  of  this  report,  supersonic  performance  com¬ 
parisons  are  made  between  the  PRIME  and  X- 24 A  vehicles,  both  of  which 
were  of  the  same  aerodynamic  configuration  (SV-5) .  A  significant 
degradation  in  subsonic  performance  due  to  simulated  ablative  surface 
roughness  was  obtained  in  full  scale  wind  tunnel  tests.  Flight  testing 
of  simulated  ablatives  on  the  X-24A  was  not  pursued;  however,  the  esti¬ 
mated  effects  of  the  ablatives  are  discussed  in  Volume  II. 


iii 


of  contents 


Page 

LIST  Or  ILLUSTRATIONS _ _ _ _  v 

LIST  OF  TABLES _ vii 

LIST  OF  ABBREVIATIONS  AND  SYMBOLS _ __ _ viii 

INTRODUCTION _ 1 

Description  of  the  Vehicle _ 1 

Test  Method _ 4 

Test  Performance  Maneuvers _ 4 

Instrumentation . 4 

Data  Analysis _ 4 

Wind  Tunnel  Tests _ 8 

COMPARISON  OF  FLIGHT  DATA  TO  WINO  TUNNEL  RESULTS _ 10 

Lift  Coeffieieni _ 12 

Drag  Coefficient _ 14 

Lift-to-Drag  Ratio _ 14 

FAIRED  FLIGHT  TEST  COMPARISONS _ 15 

Mach  Number  Effects _ _ _ 15 

Lift  Coefficient _ 20 

Urag  Coefficient - - - - — _ _ _ 20 

Lifl-to-Drag  Ratio _ _ _ _  22 

Cj_2  Versus  CD _ _ _ _  22 

Wedge  Angle  and  Rudder  Bias  Effects - - - - - - - - -  25 

Wedge  Angle  Effects  on  Trim  Normal  Force  Coefficier.t _ _ 28 

Wedge  Angle  Effects  on  Chord  Force  Coefficient _ 32 

Wedge  Angie  and  Rudder  Bias  Ettects  on  Lifl-to-Drag  Ratio _ 33 

Speed  Brakes _ 39 

Landing  Gear  Effects _ _ AJ 

Tip  Fin  Flow  Separation  Effects _ 46 

CONCLUSIONS  _ _ 52 

APPENDIX  I  -  FLIGHT  TEST  AND  WIND  TUNNEL  TRIM  PERFORMANCE  DATA _ 52 

APPENDIX  II  -  ANGLE  OF  ATTACK  CORRECTIONS _ 114 

APPENDIX  III  -  X-24A  POSITION  ERROR  DETERMINATION _ _  118 

appendix  iv  -  Digital  computer  program  for  determination  of 

PERFORMANCE  CHARACTERISTICS _ _ _ _ _ 134 

APPENDIX  V  -  TIP  "IN  FLOW  SEPARATION  STUDY - 141 

REFERENCES _ 150 

APPENDIX  VI  -  COMPARISON  OF  SUPERSONIC  X-24A  AND  PRIME  FLIGHT 

AND  WIND  TUNNEL  DATA1 _ 1 

APPENDIX  VII  -  EFFECTS  OF  ABLATIVE  ROUGHENING  ON  LOW  SPEED 
PERFORMANCE  CHARACTERISTICS  OF  MEDIUM  L  D 

RE-ENTRY  VEHICLES1 _ 3 


1  These  CONFIDENTIAL  appendices  wil!  be  published  separately  as  Volume  IS  to  this  report. 


IV 


Kisfi  off  illustrations 


Figure  No. 
1 
2 
a 


4 


6 

7 

8 
9 


10 

11 

12 

13-14 

15 

16 

17-18 

19-20 

21-22 

23-24 

25 

26 

27 

28 
29 

10 


Title 

Three-View  Drawing  of  the  X-24 h _ 

Transonic  and  Supersonic  Configuration _ 

Subsonic  Configuration _ 

Time  History  of  a  Puohover-Pullup  Maneuver _ 

Comparison  Between  Data  Selected  at  Zero  Pi  tch 
Rate  and  Data  Selected  at  Half  Second  Intervals 

Control  Surface  Bias  Designations,  Axis  Systems, 
and  Sign  Conventions _ 

Trimmed  Cp  and  Cp  for  6Ud  =  -40  Degrees, 

6  Rp  =  0  Degrees,  M  =  0.8 _ 

Mach  Number  Effects  for  -  -40  Degrees;  3Rp  = 

0  Degrees ,  +  2  Degrees _ 

Mach  Number  Effects  for  iL'p  =  -30  Degrees;  6Rp  = 
0  Degrees _ 

Drag  Coefficient  Variation  with  Mach  Number - 

Maximum  Lift  to  Drag  Ratio  Variation  with  Mach 
N  umber _ 

P .  ^  \?nrcnc  P~ 

~Lt  - - -u - - - 

Effects  of  Control  Surface  Configuration  on 
Performance  Parameters  _ _ _ _ 

Induced  Normal  Forces  for  Trimmed  Flight  - 

Comparison  of  Normal  Force  Coefficient  Data  at 
Two  Rudder  Bias  Configurations _ __ _ _ _ 

Comparison  of  Normal  Force  coefficient  Data  at 
Different  Flap  Configurations - 

Comparison  of  Chord  Force  Coefficient  Data  at 
Different  Flap  Configurations. - - - _ 

Chord  Force  Coefficient  Versus  Wedge  Angle - 

Chord  Force  Coefficient  Versus  iw^ _ 

Simulator  and  Flight  Chord  Force  Coefficient 
Comparison  _ _ _ 

Comparison  of  L/D  of  Different  Control  Surface 
Configurations  at  Cjg  =  0.3 _ 

Chord  Force  Coefficient  Variation  During  Con¬ 
figuration  Change - 

Speed  Brake  Effects  on  L/D - 

Comparison  of  Gear  Up  and  Gear  Down  Performance 
Characteristics  _ _ 

Drag  Coefficient  Increment  Due  to  Landing  Gear  . 


Page  No. 
.  2 
3 

.  3 


6 


13 


1  6-17 


_  18-19 

_ 21 

_ 23 

_  2  4 


26-27 

28 

29 


30-31 


3  2-33 
34-  33 
36-37 

38 

4  0 

41 

42 


44 

45 


Figure  No.  T i  tie  Page  No . 

31  Comparison  of  Gear  Up  ana  Gear  Down  L/D _ 4  5 

32  Relationship  of  Flight  Performance  Maneuvers 

to  tnc  Tip  Fin  Flow  Separation  Bound _ 47 

33-35  Tip  Fin  Flow  Separation  Effects  on  L/D  __ _ 4-1-50 

36  Comparison  of  Flight  Test  and  Wind  Tunnel 

Maximum  Lift  to  Drag  Ratio  Variation  with 

Mach  Number _ _ _ _ _ _  51 


APPENDIX  I 

1-30  Trim  Flight  Teat  and  Wind  Tunnel  Performance  Data _ 54  113 


1 

2 


1 

2 

3 

4 


6 


1 

2 


1 

2 

3 


APPENDIX  II 

Angle;  of  Attack  Calibration _ 116 

X-24A  Upwash  Correction _ _ _ 117 


APPENOIX  III 

X - 2 4 A  Position  Error _  .  _ 

HL-10  Position  Error _ 

X-24A  Position  Error,  Transonic  Mach  Numbers 

Comparison  of  Predicted  and  Calculated  X-24A 
Position  Error  Curve _ _ 

Position  Error  Inaccuracy  Caused  by  Poor 
Walloon  Launch  Time  Correlation _ _ _ 

X-24A  Nose  Boom  Configuration  _ 


-  126-127 

-  128-129 

-  130 

_  131 

- - 1  32 

-  133 


APPENOIX  IV 

Performance  Digital  Computer  Program  Listout _  1  ,5*. 

Sample  Output  from  Performance  Digital  Computer 
Program _ 1  39 


APPENDIX  V 

X-24A  Center  Fin  Camera  Tuft  Photos 

X-24A  Rudder  Hinge  Moments _ 

X-24A  Wind  Tunnel  Data  -  C a _ 

X-24A  Tip  Fin  Stall  Boundary _ 


144 
14  5 
146 


VI 


Figure  No. 


Title 


Page  No. 


APPENDIX  VI,  VOLUME  El 

1  Supersonic  X-24A  and  PRIME  Flight  Tert  and 

Wind  Tunnel  Data _ 2 

APPENDIX  VII,  VOLUME  II 

1  Simulated  Ablated  Roughness  Pattern  on  the  X-24A  _ . _  6 

2  PRIME  Vehicle  Before  and  After  Hypersonic  Flight 

and  Wind  Tunnel  Model _ 7 

3  X-15A  Aircraft  without  Ablatives,  and  with 

Ablatives  Before  and  After  Flight  - - - - - - 11 

4  Ablative  Effects  Applied  to  X-24A  Subsonic  L/D  Data -  14 

list  off  tables 

Table  No.  Title  Page  No . 

I  Summary  of  Wind  Tunnel  Tests _ 9 

II  Flight  Tout  and  Wind  Tunnel  Reynolds  Number 

Comparison  _ _ _ _ _ _ j  i 

APPENDIX  I 

I  Log  of  Flight  Test  Performance  Maneuvers  _  53 

APPENDIX  III 

I  Differences  in  X-24A  and  Weather  Balloon 

Static  Pressures _ 123 

aFFENDIX  iV 

1  Performance  Digital  Computer  Program  Symbols _ 140 

APPENDIX  Vi,  VOLUME  11 

1  Comparison  of  X-24A  Flight  Test  Supersonic 

Configuration  and  PRIME  Flight  Test  Con¬ 
figuration- - 1 

APPENDIX  Vil,  VOLUME  ii 

I  Tests  of  Ablative  Effects  on  Low  L/D  Data - 3 


vii 


llsftt  of  abbreviations  and  symbols 


1  tern 

De  fi nit ion 

Units 

acceleration  along  body  x-axis 

g's 

( longitudinal) 

a*b 

acceleration  along  body  2-axis 

( normal ) 

g's 

b 

reference  span  (10  ft) 

ft 

c 

reference  length  (23  ft) 

ft 

Cc 

chord  force  coefficient 

dimensionless 

CC5e 

•3Cc/36c 

per  rad,  per  dog 

CD 

vehicle  total  drag  coefficient 

dimen  sionless 

CDq 

zero  lift  drag  coefficient  (trimmed  drag 

dimensionless 

at  zero  lift) 

Cb 

vehicle  lift  coefficient 

dimensionless 

vehicle  lift  coefficient  based 

on  indi- 

dimens  ion less 

c 

cated  airspeed  (corrected  for 
error) 

j  ns  trumervt 

CL, 

3  Cl  /'3  a 

per  deg 

c4 

rolling  moment  coefficient 

dimens  i  on  mss 

.  ( C .  ,  /  T'  h 

per  dog 

c 

A-6au 

ar .  /aiSfi,, 

"  it'  u 

per  dog 

pitching  moment  coefficient 

dimensionless 

Cn, 

'■'q 

•<V'  [fjy] 

cm/  .■  a  c 

per  rad 

Cm  - 
o  c 

per  rad,  per  deg 

Cn 

normal  force  coefficient 

dimens ioaloss 

CNU 

3  Cp  /  a 

per  deg 

CN.Se 

;'CN/33e 

per  rad,  per  deg 

cn 

yawing  moment  coefficient 

dimens i onless 

Cnr 

C‘15au 

■'Cn/  "  P 

per  deg 

3Cn/l)6a(J 

per  deg 

eg 

center  of  gravity 

pet  c 

H 

pressure  altitude 

ft 

11 M 

hinge  moment 

in . -lb 

■-‘'pc 

L/D 

altitude  position  error  correction 

ft 

ratio  of  lift  to  drag 

dimens ionless 

L/D 

max 

maximum  ratio  of  lift,  to  drag 

dimens ionlcss 

flight  or  free  stream  Mach  number  dimensionless 


vit 


1  Lem 


Do  f ini  Lion 


Uni  ts 


APp/qc. 


indicated  Much  number  corrected  for  dimensionless 

instrument  error  (not  corrected  for 
position  error) 

Mach  correction  for  position  error  dimensionless 

National  Aeronautics  and  Space  Administra-  -  -  - 
Lion 

outer  diameter  in. 

roll  rate  deg  per  sec 

roll  acceleration  dog  per  sec2 

atmospheric  or  ambient  pressure  pa f 

pulse  code  modulation  -  -  - 

static  pressure  source  position  error  ps f 

position  error  pressure  cool fi clone  dimensionless 


measured  static  pressure 
pitch  rate 
pitch  acceleration 
differential  pressure 

indicated  differential  pressure  corrected 
for  instrument  error 

yaw  rate 

yaw  acceleration 
Reynolds  number 
reference  area  (  y2  ft  ) 
stability  augmentation  system 
thrus  t 

equivalent  airspeed  (--  Vt  >r~) 
airspeed  position  error  correction 
true  airspeed 
airplane  gross  weight 
true  angle  of  attack 

vane  angle  of  attack  with  respect  to  the 
nose  boom 

correction  to  angle  of  attack  for  boom 
bending 

indi cated  angle  of  attack 

correct  ion  to  angle  of  attack  for  pitch 
rate 


pr,  f 

deg  per  sec 
deg  per  sec^ 
psf 
pS  f 

<leg  per  sec 

o 

deg  !)o  1  s  o 
di mens i on  less 
ft2 

lb 

k  t. 

k  t 

kt 

lb 

deg 

deg 

deg 

deg 
di  g 


Do  fi nit ion 


Uni  ts 


n' 

true  angle  oi  attack  an  established  by  the 
wind  tunnel 

deg 

correction  to  angle  of  attack  for  upwash 

deg 

sideslip  angle 

deg  ,  rad 

au 

upper  flap  aileron  deflection 

deg  ,  rad 

c 

elevator  deflection 

deg 

°L 

lower  flap  deflection  in  pitch 

eeg 

°U 

upper  flap  deflection  in  pitch 

deg 

Lp 

lower  flap  bias  position 

deg 

% 

rudder  bias  position 

deg 

upper  flap  bias  position 

deg 

w 

wedge  angle  ( d w  =  '•  -  .'oLI  or  iSe^  -  e ) 

dog 

relative  air  density  or  air  density  ratio 
=  '/’'SL* 

dinens i on  less 

INTRODUCTION 


The  X-24A  lifting  body  flight  test  program  was  conducted  at  the  Air 
Force  Flight  Test  Center  between  April  1969  and  June  1971.  In  addition 
to  proving  the  unpov/ered  landing  capability  of  this  class  of  medium  lift- 
to-drag  ratio  (L/D)  reentry  vehicle,  extensive  flight  data  were  obtained 
to  define  the  handling  qualities,  stability,  control,  and  performance 
characteristics  of  the  X-24A  configuration  through  the  subsonic,  trans¬ 
onic,  and  supersonic  Mach  number  (M)  regions  up  to  M  =  1.60. 

Design  predictions  of  the  flight  characteristics  of  the  X-24A  lift¬ 
ing  body  were  based  on  theoretical  calculations  and  wind  tunnel  data 
obtained  from  small  scale  models.  Verifying  the  accuracy  of  these  data 
and  investigating  the  effect  of  any  inaccuracies  on  vehicle  performance 
were  major  objectives  of  the  flight  test  program.  To  accomplish  these 
objectives,  performance  data  were  obtained  from  maneuvers  on  a  flight- 
by-flight  basis  for  the  entire  test  program.  This  report  presents  the 
performance  characteristics  obtained  from  the  28  X-24A  flights.  Data 
were  obtained  for  7  fixed  upper  flap  bias  configurations  and  3  rudder 
bias  con f i gurations ,  over  a  Mach  number  range  of  M  =  0.26  to  1.60  and  at 
angles  of  attack  (••)  from  1.5  degrees  to  19.6  degrees.  Flight  Reynolds 
numbers  (Re)  ranged  from  12  x  10u  to  65  x  10& ,  based  on  the  vehicle 
reference  length  of  23.0  feet.  Some  data  were  also  obtained  with  the 
lower  flaps  at  zero  degrees  while  controlling  with  the  upper  flaps  in 
both  tl'.e  landing  gear  up  and  landing  gear  down  configurations.  Flight 
results  were  compared  with  full  scale  and  small  scale  wind  tunnel  predic¬ 
tions  .  Effects  of  Mach  number ,  wedge  angle,  rudder  bias,  tip  fin  flow 
separation,  and  landing  gear  deployment  on  flight  performance  parameters 
are  analyzed  and  discussed. 

In  appendices  VI  and  VII  to  this  report  (published  separately) , 
hypersonic  flight  data  from  the  subscale  PRIME2  test  program  were  compared 
to  the  supersonic  X-24A  flight  performance  data.  Also  included  is  a 
study  which  summarized  the  results  of  several  tests  including  a  full 
scale  X-24A  wind  tunnel  test)  dealing  with  the  effects  of  ablatives  on 
the  low  speed  performance  characteristics  of  medium  L/D  vehicles.  These 
effects  were  applied  to  X-z4A  flight  test  performance  data  in  an  attempt 
to  predict  the  subsonic  performance  characteristics  of  an  ablated  X-24A. 

DESCRIPTION  OF  THE  VEHICLE 

The  overall  shape  and  dimensions  of  the  X-24A  are  shown  in  figure  1. 
The  vehicle  was  wedge-shaped  in  planform  with  a  flat  bottom  and  the  top 
a  curved  airfoil  surface  with  three  vertical  fins.  All  control  surfaces 
were  located  at  the  aft  end  of  the  vehicle  and  consisted  of  two  upper 
ar.d  two  lower  flaps  and  two  upper  and  two  lower  rudders  on  the  outboard 
fins  .  Pilot  and  stability  augmentation  system  ( SAS )  inputs  in  pitch  and 
roll  wc-re  transmitted  mechanically  to  the  lower  flap  actuators  When 
either  lower  flap  reached  tire  fully  closed  position  (zero  do  reus), 
pitch  and  roll  inputs  were  transferred  through  a  clapper  .lunism  to 
the  corresponding  upper  flap.  Pilot  rudder  pedal  and  yaw  :).-.b  inputs 
caused  motion  of  the  upper  rudders  only  as  yaw  control  surfaces.  Both 
pairs  cf  upper  and  lower  rudder  surfaces  could  be  deflected  symmetri¬ 
cally  (biased)  .  Also,  both  pairs  of  upper  and  lower  flaps  could  be 


^PRIME  (Precision  Recovery  Including  Moneuverlng  Entry),  on  unmanned  subscole  vehicle  o<  the  tome  configuration 
os  the  X-24A  (SV-5)  which  woi  boosted  to  orbital  ipeeds  on  an  Atlas  booster. 
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biased  within  a  range  cf  positions.  The  flaps  and  rudder  surfaces  could 
be  biased  outward  from  their  closed  positions  to  increase  the  stability 
at  trms.  ;  c  and  supersonic  speeds.  The  flap  and  rudder  bias  features 
we.'  <it_  by  slowly  moving  trim  motors  which  were  controlled  by  switches 
in  ’.pit.  Control  surface  bias  designations  and  sign  conventions 

are  sh>.  m  figure  5.  A  complete  description  of  the  X-24A  flight  con¬ 
trol  system  is  presented  in  reference  1. 

Most  flying  was  accomplished  with  the  upper  flaps  fixed  while  con¬ 
trolling  with  the  lower  flaps.  However,  two  landing  approaches  were 
accomplished  with  the  lower  tlaps  at  zero  degrees,  with  pitch  and  roll 
control  on  the  upper  flaps.  Upper  flap  control  was  also  used  for  most, 
of  the  landings  after  landing  gear  deployment.  The  vehicle  configuration 
that  evolved  for  flight  at  Mach  numbers  greater  than  0.50  is  shown  in 
figure  2.  The  standard  approach  and  landing  configuration  is  shown  in 
figure  3.  A  complete  description  of  the  X-24A  vehicle  is  presented  m 
reference  2 . 


Figure  1  Three-View  Drawing  of  the  X-24A 
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TEST  METHOD 


Tne  X-24A  flight  program  consisted  of  10  glide  flights  and  13  powered 
flights  using  an  XLR-ll  rocket  engine.  In  powered  flight,  the  vehicle 
was  flown  to  a  predetermined  Mach  number  and  altitude  at  w.  _ch  time  the 
rocket  eng.no  was  shut  down  and  the  vehicle  glided  to  an  an powered  land¬ 
ing.  A  complete  description  of  flight  profiles,  procedures,  and  objec¬ 
tives  is  presented  in  reference  2. 

All  performance  data  maneuvers  were  performed  with  the  vehicle  in 
gliding  flight.  No  attempt  was  made  to  obtain  lift  and  drag  data  while 
the  rocket  engine  was  running  or  during  propellant  jettison. 

Test  Performance*  Maneuvers 

h  pushover-pul  lup>  maneuver  was  used  to  obtain  most  of  the  perfor¬ 
mance  flight  data.  A  typical  flight  maneuver  is  shown  in  figure  4.  The 
pilot  steadily  decreased  angle  of  attack  to  about  3  degrees,  pulled  up 
to  14  degrees,  and  then  returned  to  the  original  angle  of  attack.  The 
pilot  tried  to  perform  the  task  slowly  enough  to  avoid  large  pitch  accel- 
ordtiony ,  but  fast  enough  to  keen  Mach  number  somewhat  constant  during  the 
maneuver.  Trading  off  these  two  parar.eccrs  resulted  in  an  average  Much 
number  change  of  0.055  during  subsonic  performance  maneuvers  and  o.i  to 
0.27  during  supersonic  maneuvers.  Besides  the  planned  par  formar.ee  maneu¬ 
vers,  add i Lie. nal  data  were  obtained  from  any  substantial  n  excursion 
where  tile  pj-.cn  rate  was  fairly  constant. 

Instrumentation 

Accelerations  were  measured  by  sensitive  accelerometers  placed  close 
to  the  vehicle's  center  ol  gravity.  Anglo  of  attack,  ancle  of  sides  lip, 
.static  pressure  (Ps)  ,  and  total  pressure  were  measured  by  a  standard  NASA 
pitot  static  tube  on  a  6. 2-foot  nose  boom.  All  parameters  w._ro  telemeter*; 
to  ground  stations  by  means  of  a  pulse  code  modulation  ( Is  CM)  data  system 
and  recoided  on  magnetic  tape  at  the  ground  station. 

Data  Analysis 

Tilt*  raw  data  'wore  processed  through  a  NASA  data  reduction  foi  low -on 
computer  program.  Tuis  program  made  all  the  necessary  corrections  to 
the  data  including  an  up-wash  correction  to  angle  of  attack  and  a  posi¬ 
tion  error  correction  to  measured  static  pressure .  A  detailed  discussion 
of  how  these  two  corrections  were  developed  is  in  appendices  11  and  111. 

I-’or  each  maneuver,  data  were  selected  at  points  where  pitch  accelera¬ 
tion  (g)  was  approximate ly  zero.  This  was  done  in  an  attempt  to  obtain 
more*  consistent  data  at  ti  i  mined  flight  conditions.  I-igure  5  Comp-area 
data  selected  at  half  second  intervals  ol  a  maneuver,  to  data  of  the  same 
maneuver  selected  at  joints  of  zero  pitch  acceleration.  The  data  selected 
at  zero  pitch  acceleration  was  more  consistent  and  showed  a  smaller 
scatter  band. 

An  IBM  1020  digital  computer  program  was  used  to  make  additional 
corrections  to  the  i light  data  and  compute  performance  characteristics. 
Corrections  were  made  to  the  accelerometers  tor  misalignment  and  cispiace- 
nt  l  rom  t !'.*.-  in-s  t  eg.  Other  corrections  were  made  to  the  trim  elevator 
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Figure  4  Time  History  of  a  Pushover-Pullup  Maneuver 

position  for  pitch  rite  and  eg  variation  from  a  reference  w  *  ncl  tunnel  eg 
of  57  percent.  The  body  axis  force  coefficients  were  computed  from  the 
corrected  accelerations,  calculated  gross  weigh t  (reference  3) ,  and  dy¬ 
namic  pressure.  Lift  coefficient  (Cl) ,  drag  coefficient  (Cd)  and  L/D 
were  then  computed  by  rotating  the  body  axis  coefficients  to  the  stability 
axis  using  true  angle  of  attack.  The  body  and  stability  axis  coordinate 
systems  showing  the  positive  direction  of  forces,  moments,  and  angles  are 
presented  in  figure  6.  A  detailed  description  of  the  computer  program 
along  with  a  list  of  equations,  a  program  li stout,  and  a  sample  output 
arc-  in  appendix  IV. 
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WIND  TUNNEL.  TESTS 


Extensive  wind  tunnel  tests  were  performed  on  the  full  scale  X-24A 
(at  M  =  0.2)  and  an  8  percent  steel  mode]  of  the  aircraft  prior  to  the 
flight  test  program.  A  wide  range  of  vehicle  control  surface  configura¬ 
tions  were  tested  for  a  Mach  number  and  ^ngle  of  attack  range  which  en¬ 
compassed  the  X-24A  flight  test  envelope.  Table  1  presents  a  summary  of 
the  wind  tunnel  tests  that  were  used  for  comparison  with  flight  data  in 
this  report.  Since  the  performance  data  were  greatly  affected  by  control 
surface  configuration  and  Mach  number,  only  wind  tunnel  data  which  cor¬ 
responded  to  the  configuration  ana  flight,  conditions  of  a  particular  test 
maneuver  were  used  for  comparison.  There  was  an  exception  in  the  case 
of  the  full  scale  tunnel  data  which  were  limited  to  0.2  Mach  number. 

These  data  were  only  compared  to  flight  data  below  M  =  0.5  in  the  approach 
and  gear  down  landing  configurations.  All  other  flight  data  were  compared 
to  tunnel  tests  performed  on  eight  percent  models. 

Most  wind  tunnel  data  taken  with  the  vehicle  in  the  transonic  con¬ 
figuration,  (upper  flap  bias  position,  =  -10  to  -40  degrees  with  rudder 

bias  position,  o.  Rb  =  0  degrees)  ,  were  obtained  from  the  Langley  8-foot 
wind  tunnel.  Most  tunnel  data  taken  at  the  low  subsonic  and  approach 
configuration  ( U  b  =  -10  to  -30  degrees,  aRb  =  -10  degrees)  ,  were  obtained 
from  the  Langley  7-  x  10-foot  wind  tunnel. 

Additional  wind  tunnel  tests  were  performed  later  in  the  flight  test 
program  at  the  Cornell  Aeronautical  Laboratories  using  an  eight  percent 
fiberglass  model.  The  main  purpose  of  these  tests  was  to  obtain  addi¬ 
tional  stability  and  control  information,  and  only  a  small  amount  of  per¬ 
formance  data  was  obtained. 


COMPARISON  OF  FLIGHT  DATA 
TO  WIND  TUNNEL  RESULTS 

Performance  flight  test  data  are  presented  in  figures  1  through  30, 
appendix  I.  Plots  cf  Cl  and  Cp  versus  angle  of  attack,  and  L/D  and  Cp 
versus  Cl  are  shown  for  all  performance  maneuvers  flown  and  analyzed. 

All  flight  test  data  points  were  trimmed  data  corrected  to  a  57  percent 
reference  eg  for  comparison  with  tunnel  data.  Curves  were  faired  through 
the  flight  data  points  and  are  presented  as  dashed  lines  in  the  figures. 
The  plots  are  sequenced  in  order  of  decreasing  upper  flap  bias  configura¬ 
tion,  ending  with  data  from  the  closed  up  approach  configurations  and 
gear  down  data.  For  each  upper  flap  configuration,  a  set  of  performance 
data  is  presented  at  each  individual  Mach  number  for  which  flight  test 
data  were  obtained  and  placed  in  order  of  increasing  Mach  number.  A 
complete  log  of  all  flight  test  performance  maneuvers  is  presented  in 
table  I,  appendix  I.  For  eacn  maneuver,  flight  data  were  compared  to 
all  available  wind  tunnel  trim  points  (zero  pitching  moment  coefficient., 
for  that  flap  setting)  obtained  at  the  corresponding  Mach  number  and 
vehicle  configuration.  Where  two  or  more  trim  wind  tunnel  points  were 
available  at  one  upper  flap  setting,  a  curve  was  faired  through  them  to 
represent  a  trimmed  wind  tunnel  curve  at.  that  upper  flap  configuration. 

The  Cornell  wind  tunnel  trim  points  for  the  configuration  in  which 
* Ur  =  -40  degrees  and  ocl  =  25  degrees  generally  exhibited  much  higher 
trim  angles  of  attack  than  both  tire  Langley  S-foot  tunnel  and  the  flignt 
data.  This  is  suspected  to  be  the  result  of  a  small  error  in  the  tip 
fin  dihedral  for  the  fiberglass  model.  It  has  been  assumed  that  this 
discrepancy  affected  only  the  pitching  moment  data.  The  Cornell  data 
points  used  for  comparison  with  trimmed  flight  data  were  therefore 
selected  at  the  flight  determined  trim  angle  of  attack  for  that  flap 
configuration. 


During  the  flight  test  program  there  were  no  planned  attempts  to 
gather  data  at  different  Reynolds  numbers.  In  some  cases,  however,  two 
or  more  performance  maneuvers  were  accomplished  at  the  some  flight  con¬ 
ditions  and  vehicle  configuration,  but  with  different  Reynolds  numbers. 

In  the  flight  data  presented  in  figures  3,  5,  9,  11,  17,  27,  and  23, 
appendix  I,  half  solid  symbols  separate  the  maneuver  which  differs  most 
in  Reynolds  number  from  the  other  maneuvers  at  each  flight  condition. 

Five  different  vehicle  configurations  and  Mach  numbers  ranging  from  0.5 
to  0.9  are  represented  in  these  maneuvers.  Reynolds  numbers  arc  referenced 
Lo  the  23-foot  reference  length  of  the  X-24A.  Table  II  presents  wind 
tunnel  and  flight  Reynolds  numbers  for  the  entire  flight  Mach  number 
range . 


Tile  re  were  no  variations  in  the  flight  test  performance  parameters 
which  could  be  attributed  to  Reynolds  number  effects  within  the  range  of 
Reynolds  numbers  flown.  Since  the  flight  values  of  Reynolds  number  were 
always  significantly  Larger  than  corresponding  wind  tunnel  values,  uo 
conclusions  could  be  readied  as  to  the  influence  of  Reynolds  number  on 
the  performance  discrepancies  observed  between  flight  test  and  wind 
tunnel  results . 
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Table  II 


1 

FLIGHT  TEST  AND  WIND  TUNNEL  REYNOLDS  NUMBER  COMPARISON  ! 


Reynolds  Number  x  10  6 

Wind  Tunnel  Tests 

Flight  Test  1 

Mach 
No . 

Langley 
8x8  ft 

Langley 
7x10  ft 

■ 

0 . 20 

mm i 

29.4 

a  a 

a 

0.35 

4.32 

44.6  to  54.2 

O 

o 

iTt 

l£ 

Bn 

7 . 50 

29.9  to  40.5 

34.3  to  64.9 

0.55 

rnwimm 

36.9,  39.6 

27.5 

0.60 

5.83 

6.42 

27.2  to  34.9 

3  5.1 

0-70 

7.18 

a  ■ 

18.2  to  42.1 

32.3,  38.1 

0 . 80 

6.96 

7.62 

4.50 

15.1  to  38.7 

O 

Ch 

O 

7.32 

18.6  to  30.5 

|  0.95 

7.47 

4.00 

ISO 

BMMi 

17.3,  19.4 

1.00 

5.68 

a 

BBjBjMB 

1.10 

3 . 7  b 

1  1 

B 

1.20 

5.81 

...  .......  . 

12.5  to  15.6 

1  .  30 

3.25 

BMaiM 

1.40 

16.6,  17.5 

1.50 

17.5 

All  supersonic  performance  flight  data  should  bo  viewed  with  respect 
to  the  highly  transient  conditions  under  which  they  were  obtained.  A 
very  limited  amount  of  data  was  extracted  from  five  different  maneuvers 
during  four  different  flights.  All  maneuvers  were  performed  during  period;; 
of  rapid  deceleration  with  the  aircraft  undergoing  AM  changes  of  0.10  to 
0.27.  In  addition,  this  rapid  deceleration  was  in  excess  of  tie  measuring 
range  of  the  sensitive  longitudinal  iccelerrmctcr  i  +  0.5  g's).  A  less  sen¬ 
sitive  (+2.0  g's)  accelerometer  had  to  be  used  to  compute  axial  chord 
force.  Therefore,  general  trends  of  supersonic  data  should  be  well  repre¬ 
sented,  but  definite  distinctions  between  data  at  different  supersonic 
Mach  numbers  could  not  be  determined  as  accurately  as  in  the  subsonic  and 
transonic  Mach,  number  regions. 
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HPT  COEFFICIENT 


1  1  f t  coefficient  data  shown  in  figures  1  through  30,  appendix  1, 
wro  in  general  agreement  with  wind  tunnel  predictions  at  low  angles  ol 
attack  (two  to  six  degrees)  ,  but  dropped  below  predictions  at  higher 
angles  of  attack.  Figure  7,  which  presents  data  at  'Up  =  -40  degrees  .and 
■  Kp,  •  0  degrees  at  0.8  Mach  number,  is  a  gooc  example  of  this  effect. 

Flight  values  of  trimmed  lift,  curve  slope  (Cp  )  ranged  from  12  percent. 

above  to  20  percent,  below  trimmed  wind  tunnel  values  obtained  from  the 
I.ongley  8-foot  and  7-  x  10-foot  wind  tunnels  for  all  Mach  numbers  and 
vehicle  configurations.  Cornell  wind  tunnel  values  of  lift  coefficient 
showed  excellent  agreement  with  flight  data  when  compared  at  flight  trim 
angles  of  attack.  The  one  trim  lift  curve  obtained  from  the  Cornel  1  tests 
in  the  Up  =  -1 3  degrees  approach  configuration  was  in  excellent  agreement 
with  flight  data  (figure  27,  appendix  I) . 

Supersonic  flight  lift  data  are  presented  in  figures  7  and  8,  appen¬ 
dix  J  ,  for  -40  degrees  upper  flan  bias  with  0  degrees  and  +2  decrees 
rudder  bias,  respectively.  Supersonic  flight  was  not  pci" formed  with 
upper  flap  bias  settings  other  than  -40  degrees.  Data  at  zero  degrees 
; Ry  from  M  =  1.1  to  1.2  compared  well  with  the  Langley  8-foot  wind  tunnel 
curve  at  M  =  1.2.  Flight  data  at  +  2  degrees  from  M  =  1.4  to  1.5  showed 

good  agreement  with  the  Mort.h  American  Aviation  7-  x  7-foot  wind  tunnel 
curve  at  M  =  1.4  and  +10  degrees  rudder  bias  (figure  8,  appendix  1) . 

Full  scale  wind  tunnel  CjJ  's  were  in  good  agreement  with  flight 
slopes  in  the  tvto  approach  configurations.  However,  wind  tunnel  values 
of  Cm  for  any  particular  angle  of  attack  were  generally  higher  throughout 
tile  a  l  a  l  n j  e  (figures  27  and  2G  ,  appendix  I)  . 

Gear  down  flight  data  wore  obtained  at  two  different:  control  surface 
configurations  and  'wo  nose  gear  door  configurations . 3  Flight  data  are 
presented  in  figur  29  and  30,  appendix  1,  along  with  full  scale  wind 
tunnel  gear  down  c...  vcs.  Tito  flight  data  wore  scattered  due  to  the  cl i  1  - 
ferent  configurations,  probable  ground  effects,  and  large  control  motions 
associated  with  the  actual  landings.  Both,  sets  of  flight,  data  have  t  he 
sane  lift  curve  slope  which  is  greater  than  t  lie  full  scale  wind  tunnel 

cx- 


3Th  e  nose  geor  duo*  was  oiiginally  perpendicular  to  the  body  X-reference  axis  and  wo*  replaced  prior  to  flight  9  by  one 
canted  at  a  45-degree  angle.  Full  scale  wind  tunnel  tests  were  performed  with  the  perpendicular  nose  gear  door. 


DRAG  COEFFICIENT 


Pr.ui  coo  1  f  i  cient  Jala  arc  plotted  versus  angle  ot  attack  and  also 
as  drag  polars  (Cp  vs  Cp)  an  figures  1  through  30,  appendix  1.  Flight 
data  shooed  slightly  lower  drag  than  the  Langley  eight-loot  wind  tunnel 
curves  lor  the  transonic  vehicle  con t igurat ions  (-'Up  =  -40,  -35,  and  -30 
degrees  with  .'Rn  =  0  degrees)  at  all  "loch  numbers.  Figure  7,  which 
presents  data  in  the  'Up  =  -40  degrees  and  Rp  =  0  degrees  configuration 
at  0.8  Mach  number,  is  a  good  example  of  this  trend. 

Supersonic  flight  test  drag  data  at  C  degrees  rudder  bias  and  -40 
degrees  upper  flap  bias  (figure  7,  appendix  I)  were  lower  than  I.angley 
S-foct  wind  tunnel  data  taken  at  M  =  1.2.  Flight  drag  data  versus  angle 
of  attack  data  at  +2  degrees  oRp  (figure  8,  appendix  I)  within  a  Much 
number  range  of  1 . 3  to  1.5  showed  good  agreement  with  the  North  American 
Aviation  7-  x  7-foot  wind  tunnel  curve  at.  M  =1.4  and  ilO  degrees  rudder 
bias.  Drug  polar  data,  however,  were  not  as  consistent  with  the  wind 
tunnel  curve  and  exhibited  a  much  different  drag  polar  curvature  (drag 
due  to  lift).  The  +2  degrees  "dig  data  wore  less  scattered  than  the  zero 
degree  '  Rp  flight  data.  However,  there  was  insufficcnt  data  to  draw  any 
conclusions  as  to  the  poi formanco  effects  of  positive  rudder  deflection. 

The  flight  drag  data  obtained  at  the  smaller  upper  flap  configura¬ 
tions  (  Mijj  =  -8  to  -23  degrees)  were  compared  to  Langley  7  x  30-foot 
wind  tunnel  curves  and  showed  excellent  agreement  (figures  2)  through  28, 
append j x  T ) . 

Cornel  I  wind  tunnel  drag  values  obtained  with,  the  •  Up/  .  oj,  -40/23 

degrees  configuration  and  so  looted  at.  flight  trim  angles  of  attack  were 
in  good  agreement  with  flight  data  (figures  1  to  G,  appendix  1).  The 

trimmed  Cornell  drag  and  drag  polar  curves  obtained  with  the  • Ug  =  -13 

degrees  and  •  itjj  =  -10  degrees  configuration  also  agreed  well  with  flight, 

data  at  low  Cj/s ,  but.  exhibited  higher  values  of  Cp  than  did  the  flight, 

data  at  Cp's  above  0.3  (figure  27,  appendix  1). 

Full  scale  wind  tunnel  drag  versus  angle  cf  attack  data  were  in 
excellent  agreement  with  flight  test  data  in  the  two  approach  configura¬ 
tions.  brag  polars  from  the  full  scale  tunnel  form  a  lower  boundary  of 
the  flight  data  scatter  wit!',  the  I.angley  7-  x  10-foot,  wind  tunnel  data 
forming  the  impel  boundary.  All  oi  the  (light  gear  down  drag  data  were 
below  full  scale  wind  funnel  predictions. 

L IFT-TO-DRAG  RATIO 

hift-to-draq  ratio  flight  data  plotted  versus  lift  coefi ieient  are 
compared  to  wind  tunnel  data  in  figures  1  through  30,  appenuix  3.  Flight 
data  were  generally  in  good  agreement  or  slightly  above  the  I.angley  8- 
foot  and  7-  x  10-foot  wind  tunnel  data.  Due  to  stability  boundaries, 
many  of  the  f .light  maneuvers  in  the  transonic  configurations  and  at  high 
Mach  numbers  were  not  taken  to  an  angle  of  attack  high  enougii  to  reach 
maximum  h/D.  3n  most  cases  where  flight  maneuvers  were  taken  to  the 
maximum  i./D,  tiie  values  oi  maximum  I,/D  and  correspondin']  lift  coefficient 
compared  well  with  available  trim  wind  tunnel  curves. 

i'uuorsonic  I./D  1  light  data  at  0  degrees  rudder  bias  (figure  7, 

■  iti. end  i  v  1)  in  the  !1  =  1.1  to  1.3  Mach  number  range  were  in  good  agreement 
Langley  8-foot  wind  tunnel  curve  at  M  =  1.2.  Flight  I./D  data 


at  +2  degrees  6R3  in  the  M  ~  1.3  to  1.5  range  snow  good  agreement  with 
the  North  American  Aviation  7-  x  7-foot  wind  tunnel  curve  at  M  =  1.4  and 
r’.Q  =  +10  degrees  (figure  8,  appendix  I). 

Flight  L/D  data  did  disagree  with  the  Langley  7-  x  10-foot  wind 
tunnel  L/D  curves  in  several  cases.  In  the  kUg  =  -21  degrees,  = 

—10  degrees  configuration  at  0.5  and  0.6  Mach  numbers  (figures  23  and 
24,  appendix  1),  flight  data  appear  to  reach  maximum  L/D  at  a  much  lower 
Cj  than  the  wind  tunnel  and  drop  well  below  wind  tunnel  L/D's  at  the 
higher  Cl's.  This  data  was  obtained  across  the  boundary  of  tip  fin  flow 
separation  which  is  discussed  in  detail  in  the  Tip  Fin  Flow  Separation 
section . 

Flight  L/D  data  also  differs  from  the  Langley  7-  x  10-foot  wind 
tunnel  data  in  the  approach  configurations  (figures  27  and  28,  appendix  I). 
Flight  data  is  generally  higher  in  L/D  than  the  tunnel  curve  which  is  at 
tne  low  boundary  of  the  scatter.  The  full  scale  wind  tunnel  curve  forms 
an  upper  boundary  of  the  scatter  so  that  the  two  wind  tunnel  curves  form 
an  envelope  enclosing  the  flight  data. 

Cornell  wind  tunnel  L/D  points  at  the  cUjj/'jCl  =  -40/25  degrees  con¬ 
figuration,  which  were  selected  at  flight  trim  angles  of  attack,  were 
generally  in  good  agreement  v/ith  flight  test  data  (figures  1  to  6,  appen¬ 
dix  I)  .  The  Cornell  trim  I./D  curve  at  the  cUg  =  -13  degrees,  - .  Rg  -  -10 
decrees  configuration  was  also  in  reasonably  good  agreement  with  flight 
data  (figure  27,  appendix  I). 

Flight  gear  down  L/D  data  are  compared  to  full  scale  wind  tunnel 
gear  down  curves  in  figures  29  and  30,  appendix  I.  The  Flight  data 
generally  exhibited  higher  L/D's  than  the  wind  tunnel  curves.  Flight 
data  obtained  v/ith  the  canted  gear  door  were  generally  slightly  higher 
in  L/D  than  those  obtained  with  the  perpendicular  gear  door. 


FAIRED  FLIGHT  TEST 
COMPARISONS 

Faired  flight  data  are  presented  in  terms  of  Cl  and  Cg  versus  i, 
and  L/D  and  Cg  versus  Cl-  Faired  flight  values  of  Ci,  versus  Cr>  are  also 
presented.  Comparisons  are  made  to  illustrate  Mach  number,  wedge  angle, 
and  rudder  bias  effects  on  performance  character istics .  In  addition,  trio 
effects  of  tip  fin  flow  separation  and  landing  gear  deployment  are 
ana ly 2cd . 

MACH  NUMBER  EFFECTS 

For  two  transonic  control  surface  configurations  ( - Ug  =  -40  degrees 
and  -30  degrees  v/ith  £Rg  =-  0  degrees)  faired  flight  curves  are  compared  for 
the  entire  Mach  number  range  in  which  data  was  obtained,  in  order  to 
show  Mach  number  effects  (figures  8  and  9). 
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Data  v:e re  obtained  with  -40  degrees  upper  flap  bias  for  the  entire 
Mach  range  of  the  program  from  .‘1  =  0.5  to  1.5  (figure  8).  In  the  subsonic 
region  from  M  -  0.5  to  0.9,  there  was  little  change  in  the  Cp  versus  . 
curve  as  a  function  of  Mach  number.  The  actual  data  points  fell  within 
the  same  scatter  band.  The  Cj,  values  for  a  particular  trim  angle  of 
attack  began  to  decrease  sliqhitly  as  transonic  speeds  were  reached,  and 
decreased  greatly  at  Mach  1.0.  Values  of  CL  reached  a  minimum  at  about 
'1  =  1.3  and  increased  slightly  at  M  =  1.4  to  1.5.  The  Cl,  slopes  did  not 
change  significantly  with  Mach  number. 

The  same  general  trends  are  apparent  but  not  as  well  defined  in  the 
Ci  versus  r.  data  for  the  -30  degrees  upper  flap  bias  configuration  ff-.ger 

Drag  Coefficient 

laired  drag  coefficient  versus  angle  of  attach  curves  and  drag  polars 
are  presented  in  figures  8  and  9.  i'igure  10  summarizes  the  zero  lift  drag 
(Cp-. )  variation  with  Mach  number  for  the  two  transonic  vehicle  configura¬ 
tions  ( f Uji  =  -40  degrees  and  -30  degrees  with  ‘Dp  =  0  decrees)  .  hero  lift 
i  /  a  v.-ore  obtained  by  extrapolating  the  nearly  linear  Cj,  versus.  Op  curves 
lo  Cj.  =  0.  In  addition,  curves  representing  Or,  at  10  degrees  ancle  of 
attack  (Cn  _|q)  are  presented  to  illustrate  the  effect  of  drag  due  tc 

lift  throughout  the  Mach  range  and  to  show  how  total  drag  coefficient 
varied  for  a  realistic  flight  angle  of  attack.  Subsonical ly ,  zero  lift 
drag  increased  slightly  with  increased  Mach  number.  A  drag  divergence 
,ici. cared  at  Mach  number  of  about  0,9.  Maximum  drao  occurred  at  1.15 
Mach  number  and  then  slowly  decreased  with  increasing  Mac'.-,  number .  A 
comparison  of  the  two  drag  curves  with  • =  -40  degrees  shows  that  drag 
due  tc  lift  for  this  configuration  was  practically  constant  throughout  the 
Mach  range.  Values  of  Cp  =]Q  wore  greater  than  values  of  by  a  cons  tan 

•  C->  of  about  0.04.  For  the  other  transonic  con  f  i  ourat  i  on  (  •  tin  =  -30 
degrees;  -  Up  =  0  degrees),  drag  due  tc;  lift  appeared  to  increase  with  V.  ich 
number  subsoni  cal  ly .  The  supersonic  values  ol  C;,q  and  Op  =1  were  based 
or.  a  very  limited  amount  of  data  and  wore  probably  loss  accurate  than  sub¬ 
sonic  values.  however ,  there  was  enough  information  to  indicate  the 
expected  relationship  between  drag  and  Mach  number . 


Un-tO'Dras  Ratio 

Faired  L/D  carves  are  plotted  against  CL  in  figures  8  and  9.  The 
L/D  decreased  with  increased  Mach  number  for  both  configurations.  In 
figure  11,  maximum  L/D  is  plotted  against  Mach  number  for  all  fixed  upper 
flap  bias  configurations  for  which  performance  data  were  obtained.  Values 
of  maximum  L/D  were  obtained  directly  from  the  flight  data  in  appendix  I 
for  those  cases  in  which  the  flight  maneuvers  were  taken  to  L/Dmax.  For 
those  maneuvers  in  which  L/Dmax  was  not  attained,  flight  lift  and  drag 
data  were  extrapolated  to  higher  angles  of  attack  to  obtain  the  most 
plausible  values  of  L/Drf>ax .  The  curves  show  that  maximum  L/D  decreased 
sharply  with  increased  Mach  number  in  the  low  subsonic  region  and  leveled 
off  in  the  transonic  and  supersonic  regions.  Figure  11  also  indicates 
that  this  subsonic  decrease  in  L/Dmax  was  generally  smaller  at  the  higher 
upper  flap  bias  configurations.  The  degradation  in  L/Dmax  with  increased 
Mach  number  at  low  subsonic  speeds  was  attributed  to  tip  fin  flow  separa¬ 
tion  and  is  discussed  in  the  section  of  the  report  with  that  title. 


CL*  Versus  Cp 

Faired  plots  of  CL2  versus  Cq  are  presented  in  figure  12  for  the 
5 Up  =  -40  and  -30  degrees  configurations.  In  the  6'jg  =  -40  degrees  con- 

d(CL2) 

figuration,  the  slopes  of  the  resulting  straight  lines  ( — )  are  2.6 

in  the  subsonic  region  (M  =  0.5,  0.6),  decreasing  to  1.9  in  the  transonic 
region  (M  =  0.70  t''  0.98)  and  ranging  frem  1.89  to  1.40  at.  supersonic  Mach 
numbers  and  zero  i  der  bias.  Supersonic  data  at  +2  degrees  rudder  bias 


were  so  limited  t'n. 


d  (Cl  ) 


slopes  were  not  of  sufficient  accuracy 


to  show  trends.  At  die  smaller  upper  flap  setting  (6Ug  =  -30  degrees), 

the  Cp2  versus  CD  slopes  had  a  value-  of  about  2.7  at  M  =  0.5  and  0.59  and 
showed  a  steady  decree  a  with  increased  Mach  number. 


WEDGE  ANGLE  and 


RUDDER  BIAS 


EFFECTS 


The  variable  features  of  the  X-24A  flight  control  system  allowed 
performance  data  to  be  collected  over  a  reasonably  wide  range  of  upper 
flap,  lower  flap  and  rudder  bias  positions.  Representative  faired  data 
at  0.5  and  0.9  Mach  number  are  shown  in  figures  13  and  14.  At  0.5  Mach 
number,  trim  test  data  were  obtained  at  upper  flap  bias  settings  of  '40 
and  -30  degrees  with  0  degrees  rudder  bias;  and  at  upper  flap  bias  settings 
of  -30,  -21,  -19  and  -13  with  -10  degrees  rudder  bias.  Data  were  also 
obtained  while  controlling  on  the  upper  flap  (iLg  =  0)  at  -10  degrees 
rudder  bias.  Because  of  the  predicted  poor  stability  levels  at  high 
Mach  numbers  and  small  upper  flap  settings,  performance  data  were  limited 
to  -30,  -35  and  -40  degrees  upper  flap  bias  at  0.8  Mach  number.  These 
variable  control  settings  were  extremely  effective  in  altering  the  per¬ 
formance  of  the  X-24A  especially  at  0.5  Mach  number  where  maximum  b/D 
was  doubled  by  closing  the  upper  flaps  from  -40  to  -13  degrees. 

The  primary  effect  of  the  flap  bias  feature  was  to  alter  the  base 
area  and  thus,  the  base  drag  of  the  vehicle.  When  the  upper  flap  was 
extended  a  pitch-up  moment  was  produced  v/hich  was  counteracted  (cither 
by  the  pilot  or  the  control  system)  by  extending  the  lower  flap  the 
proper  amount  to  remain  in  trimmed  flight.  When  the  upper  flap  was  re¬ 
tracted  the  lower  flap  was  also  retracted  to  remain  in  trim.  The  change 
in  base  area  associated  with  upper  and  lower  flap  changes  was  therefore 
additive  ar.d  related  to  the  change  in  the  total  angle  between  the  upper 
and  lov/er  flaps,  or  wedge  angle  (ow).  Movement  oi  the  rudder  bias  sur¬ 
faces  on  the  tip  fins  did  not  directly  alter  the  base  area  or  base  drag 
of  tin;  vehicle.  It  did  result  in  a  strong  indirect  effect  since  the 
rudder  position  influenced  the  pressure  in  the  area  of  the  upper  flaps. 

When  t ne  rudders  were  biased  inboard  a  large  pitchup  moment  was  produced 
(similar  to  extending  the  upper  flap).  This  moment  was  counteracted  by 
either  opening  the  lower  flap  or  by  closing  the  upper  flap,  thereby  alter¬ 
ing  the  base  area  and  thus  the  base  drag. 


25 


Wcdg*  Angle  Effects  on  Trim  Normal  Force  Coefficient 

Since  the  centers  of  pressure  of  the  upper  flap,  lower  flap  and 
rudders  were  essentially  the  same  distance  from  the  center  of  gravity 
it  follows  that,  for  trimmed  flight,  the  trimmed  normal  force  coefficient 
(C\)  would  be  independent  of  the  flap  or  rudder  bias  configuration  (figure 
15).  Tins  effect  was  apparent  in  the  analysis  of  all  wind  tunnel  data 
and  is  confirmed  by  the  flight  data  shown  in  figures  16  through  18. 

Within  the  scatter  of  the  test  data  the  trimmed  Cn  curve  is  unaffected 
by  changes  in  the  upper  flap  bias  setting  or  rudder  bias  setting.  The 
liner,  represent  the  data  from  the  Langley  7-  x  10-foot  wind  tunnel  for 
all  flap  configurations.  The  slopes  of  Cp  versus  angle  of  attack  wore 
less  for  flight  test  data  than  for  wind  tunnel  data. 
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Cmo  -  <=Nt 

Cntrim 


0  FOR  TRIMMED  FLIGHT 
CNo  *  CN# 


WHERE 


C,n0  Cm  FOR  ZERO  CONTROL  SURFACE  DEFLECTIONS 
CN0  CN  FOR  ZERO  CONTROL  SURFACE  DEFLECTIONS 

Xf  TAIL  LENGTH  (approximately  the  some  for  upper  flap, 
lower  flap  and  rudder  bias) 

CNf  -  CN  AT  THE  TAIL  REQUIRED  FOR  TRIM 


NOTE: 


The  magnitude  of  required  to  produce  trimmed  flight  is  the  same  regardless 
of  which  control  surface  is  used. 
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Figure  15  Induced  Normal  Forces  for  Trimmed  Flight 


W«<iga  Angle  Effect*  on  Chord  Fore#  Coefficient 


Early  analysis  of  wind  tunnel  data  indicated  that  chord  force 
coefficient  (Cc)  for  a  particular  Mach  number  and  trimmed  Qj  could  be 
related  directly  to  total  wedge  angle,  regardless  of  the  positions  of 
the  individual  upper  or  lower  flaps.  Furthermore,  this  relationsnip 
appeared  to  be  parabolic  [C-c  =  f(iv:2)]. 


The  faired  lines  of  figures  19  and  20  at  0.5  and  0.8  Mach  number  are 
cross  plotted  as  Cc  vs  cw  for  constant  trimmed  Cg  in  figures  21  and  22. 
These  curves  are  essentially  parallel  and  dc  exhibit  a  parabolic  s *ape 
at  0.5  Mach  number  and  wedge  angles  below  50  degrees. 
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The  flight  data  points  were  normalized  with  respect  to  using  wing 
tunnel  values  of  Cc  for  the  -30  degrees  ^Uq,  +20  degrees  ce^,  configura¬ 
tion.  These  points  are  shown  plotted  versus  iw2  in  figures  23  and  24 
and  confirm  the  parabolic  variation  of  Cc  with  :w.  The  straight  line 
shown  on  each  ol* these  figures  is  the  slope  established  from  prior  analy¬ 
sis  of  wind  tunnel  aata  and  was  used  in  the  X-24A  simulator. 

Flight  data  points  of  trimmed  Cc  at  0.5  Mach  number  are  compared 
with  simulator  values  of  total  trimmed  Cc  for  the  same  flight  conditions 
in  figure  ?5.  The  simulator  values  compare  well  with  flight  data  except 
at  the  hiah  wedge  angles  where  simulator  values  were  somewhat  higner  than 
the  flight  data. 
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W*dg«  Angle  end  Rudder  Bias  BKacta 
on  i.i{l-lo-Drag  Ratio 


The  combined  effects  of  5w  and  6Rg  on  the  lift-to-drag  ratio  at  0.5 
Mach  number  are  shown  in  figure  26.  The  .indirect  effect  of  rudder  bias 
on  the  performance  characteristics  is  evident  by  comparing  the  zero  de¬ 
gree  and  -10  degrees  tRg  lines  in  this  figure.  The  vertical  separation 
of  these  lines  indicates  a  small  apparent  improvement  in  performance 
(approximately  0.1  L/D)  associated  with  biasing  the  rudders  inboard  at 
constant  wedge  angle  (direct  effect  of  the  rudder's)  .  a  comparison  of  the 
two  -30  degrees  6Ug  points,  however,  shows  that  this  small  positive  incre¬ 
ment  is  more  than  counteracted  by  the  increase  in  wedge  angle  associated 
with  extension  of  the  lower  flap  to  return  to  trim.  The  nc-t  result  is  a 
decrease  in  L/D  of  approximately  0.3.  Note  that  the  vehicle  could  also 
be  retrimmed  by  retracting  the  upper  flap  and  thereby  decreasing  the 
wedge  angle  and  increasing  the  L/D.  This  is  indicated  by  the  solid  point 
in  figure  26  which  is  an  interpolated  point  showing  L/D  at  0.3  Cn  resulting 
from  a  configuration  change  from  0  to  -10  degrees  iRg,  while  holding  the 
lower  flaps  fixed  at  17  degrees  and  trimming  with  the  upper  flaps  (decreas¬ 
ing  from  -30  to  -22  degrees). 

Speod  Brakes 

Prior  to  flight  nine,  the  automatic  rudder  bias  feature  was  repro¬ 
grammed  to  follow  the  upper  flap  h’ as  so  that  the  rudder  bias  and  upper 
and  lower  flap  bias  trim  changes  would  tend  tc  cancel  (reference  1) . 

Thus  the  flaps  and  rudders  were  electrically  linked  together  and  could 
be  extended  or  retracted  with  a  minimum  trim  change  apparent  to  the 
pilot.  This  "speed  brake"  feature  was  used  by  the  pilots  thereafter 
during  the  landing  approach.  Flight  data  points  obtained  during  the 
extend  or  retract  cycle  for  two  values  of  trimmed  Cj.j  (two  u’s)  are  shown 
in  figure  27  and  compared  with  previous  data  obtained  from  pushover- 
pullups  at  constant  rudder  bias  settings.  The  total  variation  in  L/D 
available  t  .rough  the  use  of  the  upper  flap  bias  "speed  brake"  is  shown 
versus  Cj_,  S/W  and  Ve  in  figure  28.  The  shaded  portion  of  figure  28  pre¬ 
sents  the  actual  amount  of  speed  brake  used  in  the  program. 


LANDING  GEAR  EFFECTS 


Figures  29  and  31  compare  gear  up  and  gear  aown  faired  performance 
test  data  in  the  6L9  =  0  degrees,  6R3  =  -10  degrees  control  surface  con¬ 
figuration,  Gear  down  curves  exhibit  a  greater  lift  curve  slope,  increased 
total  drag  and  significantly  lower  L/D's  when  compared  to  corresponding 
gear  up  curves.  The  differences  that  were  apparent  between  the  gear  up 
and  gear  down  data  were  not  due  solely  to  the  landing  gear.  Since  de¬ 
ployment  of  the  landing  gear  produced  a  nosedown  trio  change,  an  increase 
of  approximately  five  degrees  of  upper  flap  was  required  to  remain  at 
the  same  trim  lift  coefficient. 

The  gear  down  lift  coefficient  versus  a  curve  (figure  29)  is  below 
the  gear  up  curve  and  has  a  steeper  slope  by  21  percent.  The  reduced 
gear  down  lift  coefficient  at  the  same  angle  of  attack  was  a  result  of 
the  down  load  at  the  tail  (increased  upper  flap  setting)  required  to  com¬ 
pensate  for  the  trim  change.  (This  increment  as  applied  to  tne  gear  up 
curve  is  shown  as  the  dashed  line  in  figure  29  and  is  based  on  flight 
measur-i  values  of  C^.-c,  reference  5.)  The  apparent  increase  in  lift 
curve  slope  is  probably  due  to  ground  effect  since  gear  down  data  were 
obtained  during  actual  landings  in  which  the  gear  was  extended  between 
40  and  120  feet  above  the  ground.  The  data  at  the  higher  angl.es  of  attack 
and  slower  speeds  were  obtained  closer  to  the  ground  and  were  therefore 
more  strongly  influenced  by  ground  effect. 

The  total  drag  increment  observed  was  the  sum  of  the  landing  gear 
drag  and  the  increased  base  drag  resulting  from  the  longitudinal  trim 
change.  To  obtain  the  drag  increment  due  to  the  landinn  qear  alone  the 
difference  between  trie  gear  up  ar.u  gear  uuwn  curves  in  figure  29  was  ob¬ 
tained  and  a  correction  applied  for  the  five-degree  difference  in  wedge 
angle  using  data  rn  figure  21.  (Notice  that  this  correction  was  quite 
small  in  the  wedge  angle  range  of  13  to  20  deqreos  associated  with  land¬ 
ings.)  The  resulting  drag  coefficient  increment  due  tc  landing  gear 
alone  was  between  0.0 30  and  0.035  (figure  30). 

Gear  up  and  gear  down  L/D  data  are  compared  in  figure  31.  The  de¬ 
ployment  of  the  landing  gear  caused  a  37  percent  reduction  in  the  maximum 


TIP  FIN  FLOW  SEPARATION  EFFECTS 


T .p  fin  flow  separation  was  noticed  on  early  X-24A  flights.  A  study 
was  made  to  determine  at  what  conditions  separation  occurred.  The  re¬ 
sults  of  this  study  are  reproduced  in  full  in  appendix  V. 

As  a  result  of  this  study,  a  tip  fin  flow  separation  boundary  was 
generated  and  presented  in  terms  of  apparent  angle  of  attack  for  local 
tip  fin  stall  versus  Mach  number.  Analysis  of  wind  tunnel  data  indicated 
that  as  upper  flap  setting  was  increased,  static  stability  also  increased 
thus  apparently  reducing  the  severity  of  the  separation  effects.  however, 
the  angle  of  attack  at  which  separation  occurred  remained  the  same  for 
all  upper  flap  settings. 

Figure  32  presents  a  comparison  of  this  boundary  with  the  full  range 
of  flight  performance  subsonic  and  transonic  data  obtained  during  the 
program.  If  the  boundary  is  correct,  a  comparison  of  data  in  the  un¬ 
separated  and  the  separated  regions,  should  show  decreased  performance 
in  the  latter.  Also,  the  effects  should  become  greater  as  upper  flap 
setting  is  decreased.  Performance  flight  data  appear  to  substantiate  this 

Figures  33  through  35  show;  faired  flight  data  in  terms  of  L/D  versus 
angle  of  attack  for  three  upper  flap  settings  for  a  range  of  Mach  numbers. 
The  solid  part  of  each  curve  represents  data  obtained  in  the  unseparated 
region.  The  dashed  part  of  each  curve  represents  data  obtained  at  angles 
of  attack  above  the  separation  boundary  {separated  flow  on  the  tip  tins). 
With  the  upper  flaps  set  at  -40  degrees  (figure  33j,  there  was  a  gradual 
decrease  in  L/Dma>!  with  increased  Mach  number,  probably  due  mostly  to  Mach 
number  effects.  nata  ol  tained  with  the  vehicle  in  the  otner  two  trans¬ 
onic  configurations  (;Urj  =  -35  and  -30  degrees)  exhibited  similar  trends 
and  were  not  shown.  However,  with  the  upper  flaps  set  at  -23  and  -21 
degrees,  drastic  differences,  both  in  maximum  L/D  and  in  the  total  shape 
of  the  L/D  curve,  are  apparent  between  data  obtained  in  the  separated 
and  unseparated  regions  (figures  34  and  35)  .  The  ir- iximun  L/D  is  drasti¬ 
cally  reduced  and  a  significant  flattening  of  the  curve  occurs  in  the 
separated  region.  The  dramatic  differences  between  the  0.5  and  0.7  Mach 
number  curves  at  iUy  =-21  dearees ,  and  the  M  =  0.56  and  0.68  curves  with 
; tj  =-23  degrees,  are  very  similar.  At  0.6  Mach  number  with  a  -21  degrees 
upper  flap  setting,  the  separation  boundary  was  crossed  about  midway 
through  the  maneuver.  Tire  dat.a  show  a  definite  break  at  the  boundary  angl 
of  attack  and  approaches  the  totally  separated  curve  at  0.7  Mach  number. 
Therefore,  the  flight  performance  data  appear  to  correlate  very  well  with 
the  separation  boundary. 

Figure  36  presents  X-24A  flight  data  at  three  upper  flap  settings, 
along  v.’j.th  small  scale  and  full  scale  wind  tunnel  data  in  terms  of  maxi¬ 
mum  L/D  versus  Mach  number  in  the  subsonic  t.o  transonic  region.  The  data 
compare  very  we  1 1  except  tor  low  speed  data  in  the  ctfj  =  -21  degrees 
upper  flap  configuration.  Wind  tunnel  performance  results  were  slightly 
optimistic  with  respect  to  Mach  number  or  angle  ot  attack  in  predictin'! 

L/D  i n  the  transition  region  between  separated  and  unseparated  flow.  This 
trend  was  also  found  with  the  HL-10  lifting  body  ireference  9). 

Due  to  the  significant  effects  of  thi  s  type  of  separation,  it  is 
important  that  wind  tunnel  studies  accomplished  prior  to  the  test  flight 
program  be  analyzed  for  those  trends.  Wind  tunnel  stability  measurements 
.'  i':  much  more  significant  and  gave  a  much  clearer  indication  of  tip  fin 
.‘low  separation  than  did  wind  tunnel  performance  measurements  (appendix  V) 


CONCLUSIONS 


A  largo  amount  of  performance  data  was  obtained  during  the  X-24A 
flight  tost  program  which  confirmed  the  design  goals  of  a  subsonic  L/nmax 
of  over  4.0  and  a  supersonic  L./Dmax  of  approximately  1.25.  The  perfor¬ 
mance  characteristics  of  the  vehicle  were  defined  for  a  variety  of  vehicle 
control  surface  configurations  over  a  Mach  number  range  of  ti  =  0.26  to 
1.50  and  at  angles  of  attack  from  1.5  degrees  to  19.6  degrees. 

Different  wind  tunnel  tests  showed  discrepancies  wi th  each  other 
in  their  predictions.  Generally,  however,  flight  test  data  exhibited 
lower  lift  at  the  same  angle  of  attack,  and  lift  curve  slopes  that  were 
less  than  most  wind  tunnel  predictions.  Flight  test  drag  coefficient 
data  were  also  generally  slightly  less  than  wind  tunnel  data  with  the 
result  that  flight  L/D 1 s  were  similar  to  wind  tunnel  predictions. 

Some  Mach  number  effects  were  apparent  in  the  flight  data.  Flight 
lift  curve  slopes  did  not  change  appreciably  with  changing  Mach  number. 
However,  lift  coefficients  at  the  same  angle  of  attack  showed  significant 
decreases  with  increased  Mach  number  above  M=0.9.  Zero  lift  drag  co¬ 
efficient.  data  were  derived  and  showed  the  expected  transonic  drag  rise. 

The  reduction  in  h/0  with  increasing  Mach  number  which  occurred  in  the 
low  subsonic  Mach  range  (0.5  <  M,  _  0.7)  was  attributed  to  tip  fin  flow 
separation.  Flight  performance  data  substantiated  the  tip  fin  flow 
separation  boundary  which  was  developed  from  hinge  moment  data  and  tuft 
p!”: * ' to R  Crii'iy  in  trio  i  i. i. y  u L.  pirocj xr rn • 

The  effects  on  performance  of  control  flap  configuration  were  found 
to  be  a  total  wedge  angle  effect.  This  was  manifested  by  a  change  in  base 
area  which  contributed  a  corresponding  change  in  base  drag.  Flight  chord 
force  coefficient  data  at  low  subsonic  Mach  numbers  were  found  to  be-  a 
parabolic  function  of  wedge  angle  which  confirmed  wind  tunnel  predictions . 

The  drag  coefficient  increment  due  to  the  landing  year  alone  rnrged 
from  0.0 ^0  to  0.035.  The  total  effect  of  landing  gear  deployment  (land¬ 
ing  gear  plus  an  increase  in  wedge  angle  due  to  trim  change)  produced  a 
reductio:  in  L/Dmax  of  37  percent  in  the  final  gear  down  landing  configura¬ 
tion  (‘L;j  =  0  degrees). 

The  speed  brake  feature  of  the  X-24A  control  system,  which  was 
developed  during  the  test  program,  provided  the  capability  for  a  variation 
of  from  4.25  to  2.10  at  Mach  numbers  below  0.8. 
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FLIGHT  TEST  AND  WIND  TUNNEL 
TRIM  PERFORMANCE  DATA 
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APPENDIX  81 

ANGLE  OF  ATTACK  CORRECTIONS 


Figure  i  shows  the  results  of  a  calibration  performed  on  the  angle 
of  attack  vane  attached  to  the  nose  boom  in  the  full  scale  wind  tunnel 
at  a  Mach  number  of  0.2.  In  an  attempt  to  verify  the  wind  tunnel  re¬ 
sults,  data  from  the  second  flight  are  also  presented.  Flight  data  were 
obtained  by  computing  flight  path  angle  from  radar  data  and  subtracting 
it  from  the  measured  pitch  angle  to  obtain  a  true  angle  of  attack  while 
the  vehicle  was  at  zero  bank  angle.  This  is  not  a  very  accurate  technique 
due  to  wind  effects  and  inherent  inaccuracies  in  the  radar  data.  The 
data,  though  scattered,  substantiated  the  wi’-d  tunnel  calibration  of  the 
X-24a  angle  of  attack  vane  and  established  higher  confidence  in  the  wind 
tunnel  results. 


The  nose  boom  was  mounted  at  a  6-aegree  nosedown  angle  with  respect 
to  the  longitudinal  axis  of  the  vehicle  to  minimise  errors  in  the  air¬ 
speed  system  pressure  measurements.  The  true  angle  of  attack  as  estab¬ 
lished  by  the  wind  tunnel  (up)  was  defined  by  the  relationship 


a  . 

l 


up  —  0  .  8  7  (  )  -  j— 


Doom 


+  6  deg 


1.15 


where  a,  =  i.  +6  deg 

1  boom  3 


From  tnis  equation 

A ....  =  up  -  Urp  =  u^  -  (0.87  up)  =  0.13  up 
at  0.2  Mach  number. 

To  obtain  the  total  upwash  coriection  throughout  the  subsonic  Mach 
number  region,  an  attempt  was  made  to  compute  the  body  and  noseboom  up¬ 
wash  effects  using  the  methods  of  reference  10.  The  asymmetric  shape  of 
the  X-24A  made  it  very  difficult  to  calculate  the  body  upwash  effects. 
Calculations  were  made  using  equivalent  bodies  of  revolution  generated 
individual]. y  by  the  top,  bottom  and  side  contours.  Another  calculation 
used  the  cross  sectional  area  distribution  of  the  X-24A  to  compute  the 
radius  of  an  equivalent  body  of  revolution  at  a  series  of  stations 
along  the  body.  both  these  methods  yielded  values  for  AuE/ep  at  0.2 
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Mach  number  that  were  less  than  half  the  wind  tunnel  value,  and  so  were 
discarded. 

Finally  the  equation  from  the  original  wind  tunnel  curve, 

..  (aboom  +  6  de9> 


was  modified  to  incorporate  compressibility  effects  by  applyiny  a  Mach 
function  to  the  correction  factor  as  follows: 

_  (aboom  +  6  deg) 

T  1  +  ,15  Vl  -  M7 

This  expression  is  plotted  in  terms  of  Au£/a-  versus  M  in  figure  2 
along  with  the  full  scale  wind  tunnel  point. 

A  correction  was  also  made  to  angle  of  attack  for  the  effects  of 
boom  bending  due  to  normal  accelerations  (Aabb) •  A  final  correction  was 
made  to  a  for  pitch  rate  on  the  a  vane  which  was  17.1  feet  forward  of 
the  vehicle's  center  of  gravity  (Aaq)  . 

Therefore,  true  angle  of  attack  was  obtained  from  the  following 
summation : 


a 


a.  +6  deg 

boom _ _  __ 

i - r 

1  +  .15  Vl  -  M 


A  u,  .  + 

bo 


A  a 

q 


where 


A«,,  -  (.0666)  (a_  - 

bb  zb 


1) 


APPENDIX  III 

X-24A  POSITION  ERROR 
DETERMINATION 

This  appendix  was  adapted  from  an  AFFTC  Flight  Tost  Technology 
Branch  memo  written  by  Christopher  J.  Nagy  in  lanuaiy  1971. 
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INTRODUCTION 


The  position  error  measurement  on  the  X-24A  lifting  body  presented 
problems  that  are  not  encountered  on  most  other  types  of  aircraft.  The 
common  methods  of  position  error  measurements  such  as  the  tower  fly-by, 
tile  ground  speed  course  and  the  pacer  would  not  work  with  the  X-24A  be¬ 
cause  there  was  little  time  spent  in  stabilized  flight.  The  X-24's  only 
power  source  was  a  rocket  engine,  which  made  it  a  boost-glide  type  ve¬ 
hicle.  Thus,  the  aircraft  was  either  gaining  or  losing  energy  very  fast. 
This  means  that  the  altitude  and/or  airspeed  was  increasing  or  decreasing 
rapidly.  These  changes  in  altitude  and  airspeed  introduced  problems  of 
lag  in  the  static  and  dynamic  pressure  and  transients  in  the  position 
error.  In  addition,  problems  in  the  instrumentation  wore  encountered. 
These  problems  and  their  solutions  will  be  discussed  in  this  appendix. 


TECHNIQUE 


The  method  of  obtaining  the  position  error  is  basically  a  comparison 
between  the  aircraft-measured  static  pressure  and  the  actual  static  pres- 

.  P 

sure  at  a  given  altitude.  The  data  was  prepared  in  a  - — form  and  a 
\M  form  where  :  q 


ci  c 


P  = 
P 


..M 


f  IM. 


'.P 


-Jd- 


ic  ,  - 


from  equation  5.65,  page  74  of  reference  6. 
From  equation  5.5,  page  53,  reference  6, 


r~-  ■  1  'ho  h  > 

JC  .  1C 

1  c 


effects  wore  neglected  so  that 


:.P 


is  a  function  of  instrument 


i  c 


corrected  Mach  number  only.  The  aircraft  measured  a  static  pressure  and 
a  dynamic  pressure  using  a  standard  NASA  nose  boom.  The  dimensions  of 
this  uoom  arc  given  in  figure  6.  The  actual  static  pressure  was  calcu¬ 
lated  from  a  Rawincende  balloon  temperature  versus  altitude  curve  using 
the  hydrostatic  equation  (equation  1.17,  page  87)  . 


Once  the  necessary  parameters  were  obtained,  the  first  seep  was  to 
limit  the  usable  portions  of  a  flight  to  those  where  the  climb  or  sink 
rate  was  less  than  150  feet  per  second.  This  helped  to  eliminate  the 
lag  problem.  The  second  seep  was  to  select  times  that  gave  Myc  values 
at  approx:  matcl'y  0.005  increments  between  the  minimum  and  the  maximum 
‘■'•ic  values  available  within  the  usable  portions  of  the  flight.  More 
spacing  than  0.005  gave  uncertain  data;  less  than  this  gave  unnecessary 
scatter.  Once  the  times  and  values  were  obtained,  the  Pa  values 
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vm'io  -vnvod,  First  the  altitudes  at  the  specific  times  were  recorded 
treiv.  an  altitude  versus  time  radar  track.  Then  Pa  values  were  obtained 
for  each  altitude  from  weather  balloon  data.  The  Pic  counts  from  the 
vehicle  were  then  recorded  at  the  same  times  and  two  slightly  different 
calibrations  were  used  depending  on  whether  the  pressure  was  increasing 
or  decreasing.  (The  pressure  transducer  transmitted  digital  counts  to 
the  ground  and  calibrations  were  used  to  obtain  pressure.)  This  was 

AP 

done  t.o  account  for  hysteresis.  Next.  — E--  was  calculated  for  each  M 

q  1C 


value  and  plotted  versus  .  Once  the 


.IP 


c-  ~ 
1  c 


values  were  known,  am  was 

cc 


found  from  the  following  equations  (equations  5.63  and  5.65,  page  67, 

reference  6)  for  AM  <  .04: 

pc 


(1.0  +  0.2  M  ) 


pc 


1C 


1.4  M. 


1C 


[(1.0  +  0.2  Mic,  ) 


2.3.5  , 


-1  .0 


for  AM  >  .04: 
pc 


1.4  M .  \ M 

_  _  r  c  pc 


.P  (1.0  i-  0.2M.  ~) 

p  1C 


0,7  (1'°  ~  1‘6  MiC2)AMDC2 

( 1 . U  +  0.2  M  *)* 
l  c 


re 


(1.0  +  0.2  M.  2)3,5 

1C 


-1.0 


p 


This  equation  was  solved  to  give  a  AM  versus  M.  curve. 

n  ^  pc  1C 

RESULTS 

The  final  data  points  of  flights  10  to  13,  15  to  18,  and  20,  and 
the  faired  lines  are  shown  in  figure  1.  Similar  curves  are  given  for 
comparison  in  figure  2  for  the  HL-10,  another  lifting  body.  Flights  1 
through  9,  the  glide  flights,  were  deleted  for  several  reasons.  First, 
they  could  not  provide  information  on  the  higher  portions  of  the  Mach 
range,  since,  without  power,  the  highest  Mach  number  reached  was  about 
0.7.  Second,  because  the  powered  flights  after  burnout  covered  the  same 
regime  as  the  glide  flights,  the  same  data  could  be  obtained  from  the 
powered  flights.  Third,  the  Rawinsonde  balloon  release  time  for  flights 
1  through  9  was  not  close  enough  to  the  launch  time  for  the  Pa  values  to 
bo  accurate.  A  late  balloon  release  caused  flight  14  to  be  deleted  for 
the  same  reason.  Flight  19  data  was  consistently  high,  and  although  a 
detailed  study  as  to  why  was  not  made,  a  bad  radar  track  was  suspected. 

Flight  21  data  are  not  shown  because  it  was  consistently  low.  A 
closer  look  at  the  radar  altitudes  indicated  that  the  radar  may  have 
lost  track  and  may  have  been  "hunting"  during  this  time  period.  Flights 
22  and  23,  although  not  graphed,  gave  consistent  data  on  or  near  the  pre- 
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dieted  curves.  By  flight  23,  a  fairly  high  level  of  confidence  had  been 
developed  in  the  predicted  curves .  Succeeding  flight  data  were  not 
worked  up  since  the  Mach  range  was  not  extended  beyond  1.35.  A  pressure 
system  failure  precluded  use  of  data  from  flight  25  on  which  a  maximum 
Mach  of  1.6  was  reached. 


DISCUSSION  OF  RESULTS 

The  data  indicate  a  leveling  off  of  the  AMpc  curve  below  0.55  M-^c. 
It  was  decided  to  retain  a  straight  line  between  0.55  and  0.35  to  accom¬ 
modate  the  data  octwccn  0.40  and  0.55.  Below  0.35,  the  position  error 
was  unimportant  because  the  aircraft  never  flew  below  0.35  Mach  in  the 
gear  up  configuration. 


Transonic 

The  data  indicated  that  the  position  error  peaked  around  Mj_  =  0.920. 
A  detailed  look  at  airspeed  and  altitude  traces  showed  that  the  dynamic 
pressure  peaked  at  MiC  =  0.920  and  the  static  pressure  at  Mjc  =  0.940. 

From  this  information  one  might  expect  a  curve  such  as  the  solid  line 
shown  in  figure  3.  On  flight  10  almost  no  second  break  was  visible,  the 
static  pressure  jump  being  masked  by  corresponding  changes  in  dynamic 
pressure.  Flight  20  showed  a  more  pronounced  break  at  M1C  -  0.945.  To 
accommodate  the  flight  data  during  the  Mach  jump,  the  2MDC  curve  was 
drawn  bent  slightly  outward  as  shown  by  the  dashed  line  1  figure  31  .  This 
seemed  to  fit  all  data  points  most  accurately. 

The  data  intercepted  the  .''.MpC  zero  line  at  about  Mlc  =  1.075.  A 
position  error  of  zero  was  used  above  Mach  1.075.  Although  plotted  data 
points  are  slightly  negative  supersonically  the  values  are  felt  to  be 
well  within  the  measuring  accuracy  of  the  system. 


Correlation  with  Predicted  Data 


In  April  19G6,  a  study  was  made  by  the  Martin  Company  in  an  effort 
to  predict  the  position  error  curve  for  the  X-24A.  Dimensions  from  the 
existing  nose  boom  were  used  in  theoretical  calculation >  to  obtain 
A p  /q  as  a  function  of  Mach.  This  curve  is  shown  in  figure  4.  Agree 
P  clc 

ment  between  predicted  and  flight  measured  values  was  generally  good, 
and  the  agreement  between  Mx  c  =  0.550  and  0.750  was  exceptional.  The 
Mach  number  at  which  the  bleak  point  occurs  (where  the  bow  wave  passes 
over  tiie  pressure  ports)  was  the  same  in  each  case. 


Particular  Problems  Studied 


Lag 


bag  was  studied  for 
and  estimates  were  made 
lated  from  the  equation 


both  the  static  and  dynamic  pressure  systems 
for  each.  The  static  pressure  lag  can  be  calcu- 
( reference  6,  equation  4.2,  4.9,  page  29,  30)  . 


1?1 


I 

' 

I 


■P 


lag 


Where  \  =  mL-  (1  +  2_)  =  lag  constant 
u  i  P  LA 


and  m  =  coefficient  of  viscosity  2:  3.0  x  10  7  for  X-24  temp  range, 
L  =  length  of  tub;ng,  ft  2:  8.93 

_  2 

D  =  diameter  of  tubing,  ft  2:  1.43  x  10 
v  =  ratio  of  specific  heats  2:  1 . 4 
P  =  applied  pressure,  *psf 

3  -2 

Q  =  instrument  volume,  ft',  2:  1.447  x  10 

2  -  4 

A  =  cross  sectional  area  of  tolling,  ft  a:  1.605  x  10 

This  leads  to 

*p  =  29 _.J_  dji 

*1  ag  p  dt 

For  a  sink  rate  of  150  ft/sec  at  40,000  ft 

E2l)(  1 


A  P 


=  (29.7  C 

lag  ft2 


sec' '391.6  psf 


— )  =  . 3  ps  f 


This  was  not  enough  to  affect  the  validity  of  the  results. 

A  similar  study  was  made  for  dynamic  pressure  lag.  Taking  landing 
as  the  most  extreme  case  since  the  rate  of  change  in  dynamic  pressure  is 
highest  lie  re. 


qc  300  ps  f 

2:  15  £Sf 
dt  sec 

\  can  be  calculated  similarly  for  the  dynamic  pressure  system  giving 

uq  =  (i.03  x  102  sec)  (15  ^-)  =  .155  psf 

c.  sec 

lag 

Again  this  was  not  nearly  enough  to  affect  the  results. 
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Zero  Shifts  in  the  Aircraft  Pressure  System 


There  was  some  concern  that  pressures  taken  at  the  balloon  release 
time  (within  30  minutes  aftci  landing)  from  both  the  balloon  and  the  air¬ 
craft  were  different  by  as  much  as  four  ps f  after  being  corrected  for 
altitude  differences  between  the  lakebed  and  the  Rawinson.de  station.  The 
question  was  raised  whether  a  zero  shift  correction  should  be  applied  to 
the  X-24  pressure  to  make  it  conform  with  the  ground  pressure  of  the 
balloon.  Starting  with  flight  14,  checks  were  made  on  the  two  pressures 
and  the  results  arc  shown  in  the  following  table: 

T  ab  le  I 

DIFFERENCES  IN  X-24A  AND  Wi  Yi'HER  BALLOON  STATIC  PRESSURES 


Rawinsonde 

Ground  Pressure  Minus  X-24A 
Ground  Pressure  Corrected 
to  Lakobed  Altitude 

Total  Change 

Between  Pre-  and 
Post-flight  Checks 

Fliqht  No. 

Pre-flight 

Correction 

Pos  t- flight 
Correction 

14 

O 

O 

-2.9 

2.9 

13 

+  0.4 

1 

o 

2.4 

,  - 

J.O 

■+  X  .  X 

-  ±  .  0 

2  .  / 

17 

. . .  . 

o 

« — 1 
+ 

-1.3 

2,3 

It  cun  be  seen  that  the:  pro-  and  post- flight  corrections  were  of 
opposite  signs.  The  discrepancy  was  attributed  to  hysteresis  in  the 
X-24A  static  pressure  transducer.  Hysteresis,  according  to  the  manu¬ 
facturer  of  the  instrument  is  7  ps f .  In  actual  calibration  with  pressure 
increasing  and  decreasing,  the  apparent  hysteresis  was  more  like  3  ps f , 
which  is  in  accordance  with  the  change  in  pre-  and  post-flight  checks  . 

It  was  therefore  concluded  that  the  data  should  not  be  corrected  for  zero 
shifts  but  that  hysteresis  effects  were  of  greater  importance  and  sliouLd 
be  accounted  for  when  applying  the  calibrations. 

Time  Shifts 

The  most  important  factor  in  reducing  the  data  was  to  insure  that, 
the  balloon  passed  through  the  flight  altitude  at  approximately  the  same 
time  of  day  that  the  flight  occurred.  Best,  results  were  obtained  when 
the  balloon  reached  flight  altitude  within  30  minutes  of  flight,  time. 

FI.  jlit  14  is  a  good  example  of  erroneous  data  because  this  rule  was  not 
observed.  Due  to  transmitting  difficulties,  the  balloon  was  not  at  alti¬ 
tude  until  four  hours  after  the  flight.  Figure  5  shows  the  data  accord¬ 
ing  to  the  late  balloon;  in  addition,  data  from  a  balloon  seven  hours 
orior  to  the  flight  and  the  expected  results  are  shown.  Data  from  late 
balloons  may  give  good  results  depending  on  the  stability  of  the  atmos¬ 
phere  during  that  time  period.  However,  any  attempt  at  correcting  for 
the  time  shift  based  on  ground  pressures  is  useless,  since,  while  the 
pressure  at  ground  level  may  have  changed  1  psf,  the  pressure  at  40,000 
feet  may  have  changed  3  or  4  psf. 


The  first  flight  with  the  rockets  called  for  a  powered  profile  which 
would  keep  the  X-24A  at  a  somewhat  constant  altitude  and  speed  for  a 
reasonable  amount  of  time.  Therefore,  this  opportunity  was  taken  to  use 
a  well  calibrated  T-38  pacer  to  establish  some  good  points  on  the  posi¬ 
tion  error  curve. 

The  pacer  pilot  turned  on  the  event  light  three  times  during  the 
flight  indicating  that  he  felt  he  was  stabilized  alongside  the  X-24A. 

One  point  was  taken  during  the  powered  portion  at  35,000  feet  and  at  an 
X-24A  Mfc  of  0.660.  The  other  two  points  were  taken  in  the  pattern  at 
tost  indicated  Mach  numbers  of  0.426  and  0.419. 

Indicated  altitude,  velocity,  and  temperature  data  were  taken  from 
the  pacer  photopanel  and  instrument  corrected.  This  data  was  put  into 
a  computer  program  along  with  corresponding  X-24A  data  and  the  pacer 
position  error  curve.  The  program  computed  position  errors  using  a  ■',HpC 
method  and  a  AVpC  method. 

The  results  show  good  agreement  between  the  two  methods  for  the 
point  at  0.660  Mach  number.  Values  for  AP  /q  were  0.050  and  0.062 

DC. 
r  1C 

which  correspond  t.o  AM's  of  0.023  and  0.025.  These  values  were  close  to 
the  other  data  which  gave  a  AMpC  of  0.029  at  0.660  Mpc. 

The  two  methods  did  not  show  good  agreement  for  the  rwo  points  in 
the  pattern.  Values  for  APp/gc  ranged  from  0.115  to  0.067  correspond- 

cie 

ing  to  AMpC's  of  0.027  to  0.015.  However,  all  points  fall  within  the 
scatter  of  the  other  data. 

The  pacer  points  give  good  support  to  the  data  obtained  through 
the  other  method  explained  ir.  the  report. 
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Figure  6  X-24A  Nose  Boom  Configuration  7/8  in-  O.D. 


APPENDIX  IV 

DIGITAL  COMPUTER  PROGRAM  FOR 
DETERMINATION  OF 

PERFORMANCE  CHARACTERISTICS 

This  computer  program  was  written  by  David  F.  Richardson  of  tli 
Flight  Test  Technology  Branch. 


An  IBM  1620  digital  computer  program  was  used  to  correct  flight 
data  and  compute  performance  characteristics  of  the  X--24A.  A  computer 
listout  of  the  program  is  shown  in  figure  1.  A  list  of  equations  used 
in  the  program  is  also  presented.  The  following  corrections  were  made 
to  the  flight  data  by  the  program: 

1.  A  correction  to  the  accelerometers  for  a  pitch  misalignment  angle 
e  with  the  X-  and  Z-axes. 

2.  A  correction  for  displacement  of  the  accelerometers  from  the  test 
center  of  gravity. 

3.  A  correction  to  trim  elevator  position  for  pitch  rate  and  for  eg 

variation  from  a  wind  tunnel  reference  of  57  percent.  This  refer¬ 
ence  eg  was  used  as  the  standard  eg  in  the  computer  program.  During 
the  pushover/pullup  the  pitch  rate  was  sustained  by  a  <5e  input  which 
contributed  to  lift  and  drag.  Therefore,  it  was  necessary  to  know 
the  derivatives  Cmq ,  Cm^e  /  CC(5e ,  and  Cn<$  ,  in  order  to  take  out  the 
normal  and  chord  force  increments  due  to  the  6e  increment  required 
to  maintain  the  pitch  rate.  From  pitch  rate  (q),  Cjn^ ,  and  ,  it 

was  possible  to  determine  the  <5e  increment  required  to  maintain  the 
test  pitch  rate.  The  normal  and  chord  force  increments  associated 
with  this  5e  were  subtracted  from  the  test  values  of  and  Cc  to 
obtain  the  total  test  coefficients.  The  test  values  were  then  added 
to  AC fj  and  ACc  due  to  variation  from  the  standard  eg  to  obtain  the 
total  standard  coefficients  for  zero  pitch  rate  at  57  percent  eg. 

Values  of  Ci,  and  Cd  at  57  percent  standard  eg  were  computed  along 
with  standard  L/D  by  rotating  the  body  axis  coefficients  using  true  angle 
of  attack.  The  program  printed  out  corrected  trim  elevator  position,  CN 
and  Cc  test.,  and  standard  values  for  Cn,  Cc,  Ci,,  Cp,  and  L/D.  The  longi¬ 
tudinal  stability  and  control  derivatives,  Mach  number,  and  angle  of 
attack,  which  were  input  data  were  also  printed  out  for  each  data  point. 

A  sample  printout  is  shown  in  figure  2.  Table  I  gives  a  list  of  ail 
symbols  used  in  the  program. 
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c 


1 

3 

25 

26 
27 


10 


2 


20 

21 


2y 

30 


L/D  DETERMINATION 
TYPE  1 

FORMAT  (//25X,18H  L/D  DETERMINATION/) 

READ  3 

FORMAT  ( 20X  27H  A/C  TYPE  FLIGHT  NO.  DATF.,20X) 

TYPE  3 
TYPE  25 

FORMAT  ( //48H  TEST  CN  AND  CA  CORRECTED  TO  STANDARD  CG  AND  Q-0) 
TYPE  26 

FORMAT ( //2X7H  MN/CNT.4X1 0H  ALPHA/CAT, 3X9H  CNDE/CNS,3X9H  CADE/CAS) 
TYPE  27 

FORMAT  (40X,10X  9H  CMDE/CLS.3X  8h  CMO./CDS,2X  11H  DEC/(  L/D  )S//) 
READ  2,T,WT,TMAC,SAREA,E,X,Z 

READ  2,DXCG,DZCG,DXAX,DYAX,DZAX,DXAZ,DYAZ,DZA7. 

CK=1.74532y2E-02 


E=E*CK 

READ  2,HT,P,R,DP,DR 
READ  2,CNDE,CADE,CMDE,CMG,DE 
READ  2„MN, OB, VT, ALPHA, AX, AZ, 0,00 
FORMAT  (8F10.0) 

VT=VT*1.688 

AXC=AX*COS( E ) -A7.*S I N  ( E ) 

AZC=AZ*COS(F.)+AX*SIN(E) 

AG-32. 175-(3.086E-06)*HT 

AXCG»AXC+( CK*(OYAX*DR-OZAX*DO )+CK**2*DX AX*( Q**2+R**2 ) ) /AG 
AZCG-AZC-(CK*(DXAZ*D0-DYAZ*DP)+CK**2*DZAZ*(Q**2+P**2))/AG 
CNT«AZCG*WT/(O.B*SAREA) 


/*A*r_/-r  I.PT-A- *  \  /fAD4.r»ncn 

UR  I  —v  I  — r  •  rtAWVJ  /  /  V  vu 


DDET=  CM0*O*TMAC*CK/' ( CMDE*2. 0*VT) 
CNTC»CNT+DDET*CNDE 


CATC=.CAT+DDET*CADE 
DCMCG=(DXCG*CNTC-D7.CG*CATC)/TMAC 
DDES— DCMCG/CMDE 
CNS“CNTC+DDES*CNDE 
CAS=CATC+DDES*CADE 


ALPH 1 -ALPHA*CK 

CLS=CNS*COS( ALPH1 )-CAS*S INI ALPHl ) 

CDS“CAS*COS( ALPH1 )+CNS*$ IN( ALPHl ) 

SLDR=CLS/CDS 

I F  ( 7. )  21,21,20 

DDET-DDF.T/CK 

DDES-DDF.S/CK 

DEC-DE+DDET+DDES 

TYPE  29, MN, ALPHA, CNDE, CADE, CMDF.  ,CMO,DEC 
TYPE  29.CNTgCATtCNSj,CAS,CLS,CPS.SLDR 
FORMAT  ( F  9 . o , F 1 3 . 6 , 5F 1 2 . 6 ) 

TYPE  30 
FORMAT  (/) 

I F ( X )  15,15,10 
END 


:;o?K :  *Iudieate!5  multirlicatior.. 

**Indicates  an  exponent. 


Hi 


Figure  l  Performance  Digital  Computer  Program  Llstout 


EQUATIONS  USED  IN  PERFORMANCE  DIGITAL  COMPUTER  PROGRAM 


Correction  to  Accelerometers  for  ’itch  Mj sellcuunert  t 


a  =  a  cos  e  ~  a  sin  c 
x  v  z. 

c  b 


a  =•  cos  e  +  a  9 in  £ 


Altitude  .orrectloi.  to  Acceleration  due  to  Gravity 

a  =  32.175  -  (3.0W,  x  Iff6)  li 

g 


Cor.ec  ion  to  Accelerometers  to  Test  eg 

•  • 

a  =  a  *  ( Av  .  r  -  Az  .  a)  +  Ax  (o2  +  r2) 
x  x  ‘  ax  &x  ax 

eg  c  '  . . .  "  —  - 


a  =  a  -  (AX  .  q  -  A"  .  n)  -  Az  (n2  +  p2  ) 
z  z  az  *  az  az  ' 

CG  c  - - - - 


+Ax  =  distance  of  accelerometer  forward  of  test  eg  in  ft 
+A y  =  distance  of  accelerometer  right  of  test  eg  in  ft 
+Az  -  distance  of  accelerometer  down  from  test  eg  in  ft 
subscripts  ax  -  longitudinal  accelerometer 
az  -  normal  accelerometer 

Calculation  of  C,.  ana  C  from  Corrected  Accelerations 
_  N  c 

C  =  (a  .  W)/(o  .  S) 

II  z  'C 

T  eg 

C  =  (T  -  W  .  a  )/(o  .  C.) 

c„  X  ‘C 

T  eg 


Correction  to  Elevator  for  Zero  Pitch  Pat-e 


A6e.  =  C  .  q  .  c  /  t  .  3V 
t  m  n,  t 

q  Se 


Correction  to  C(.  an-i  C  for  Klevator  Trim  Chftn^e 


Cv  =  C\,  +  A6e  ,  0„, 

r-i  _  ‘if..  t 

I  C  1 


6e 


C  =  C  +  A6e.  .  C 
C"'c  CT  1  cfie 


Change  in  Pitching  '-'oir.ent  Induced  by  Translating.  icst  eg  to  a  5  i 
Percent  Standard  eg 


AC  —  ( Ax  ■  C,,  —  At  j  C  )/  c 

m  eg  eg  c 

Lt--  *  c  *  t 

where 

+Ax  =  distance  of  teat  eg  forward  cf  575  standard  eg  in  ft. 

+Az  =  distance  of  test  eg  down  from  575  standard  cr  ir.  ft 

CS 

Correction  to  itlevator  tc  Produce  7,ero  ritch  tate  at  Standard  eg 

A5e  -  —AC  /C 
a  m  m . 

eg  fie 

Correction  to  C„  and  C  for  i-levator  '1'rim  Change  to  Standard  c;~ 

_ ..  c 

C..  =  C„  +  AiSe  .  C.. 

0  n. 

VC  OC 

C  =  C  +  A6e  ,  C 
c  c_  3  c, 

ic  oe 

Calculation  of  C^,  C„  and  L/!)  at  57  Percent  Standard  eg 

C,  =  C..  cos  a  -C  sin  a 
L  a  C 

C„  =  C  cos  a  +  C.,  sin  a 
!)  c  a 

IV  D  =  C. /C„ 

Lj  ll 


Calculation  of  Total  tlevator  Deflection  Corrected  to  Aero  Pitc: 
Rate  at  5'l  Percent  Standard  eg 


oe  =  oe  +  A6e  +  A6e 
c  t  s 


Ul 


L/D  DFTERM  IHAT  ION 


X- 

24A 

x-3- 

5 

21 

AUG  69 

TEST  CN  AND 

CA  CORRECTED 

TO  STANDARD 

CG  AND  0=0 

MN/CNT 

ALPHA/CAT 

CNDE/CNS 

CADE /CAS 

CMOF./CLS 

C MO /CDS 

DEC /( L/D  )  S 

.487000 

.314289 

9.010000 

.023167 

.410000 

.301042 

.074000 

.020776 

-.110000 

.294074 

-,358000 

.067665 

3.518786 

4.345976 

.488000 

.330789 

9.300000 

.024566 

.415000 

.315933 

.072000 

,021989 

-.110000 

.308227 

-.359000 

.072756 

3.728989 

4.236444 

.439000 

.324826 

9.120000 

.024363 

.410000 

.310338 

.073000 
.  021783 

-.110000 

.302962 

-.359000 

.070697 

3.265271 

4.285311 

.491000 

.321896 

9.150000 

.028972 

. 4 1 0000 
.307890 

.0731)00 

.026478 

-.110000 

.29476? 

-.360000 

.075102 

3.412839 

3.941389 

.491000 

.319780 

9.330000 

.025588 

,417000 

,305837 

.072000 

.023180 

-. 110000 
.298033 

-.360000 

.072456 

2.204203 

4.113252 

. 49 1 006 
.350825 

10.070000 

.019234 

.425000 

.337036 

.071000 

.016431 

-.110000 

.328883 

3  60000 
.075601 

.981107 

4.350223 

.492000 

.419277 

12.060000 
.01 1253 

.450000 

.401553 

.  066000 
.008653 

-.109000 

.390882 

-.360000 

.092361 

.393309 

4.232091 

.492000 

.456329 

13.740000 

.003263 

, 467000 
.435197 

.062000 

.000457 

-.108000 

.422634 

-.360000 

.103811 

-.882719 

4.071185 

.491000 

.472640 

14. 110000 
.001601 

.470000 

.448656 

. 060000 
-.0014 59 

-.107000 

.435476 

-.360000 

.107959 

-1.973856 

4.033700 

Figure  2  Simple  Output  frem  Performance  Digital  Computer  Program 
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APPENDIX  V 

TIP  FIN  FLOW  SEPARATION  STUDY 

This  appendix  was  adaoted  from  an  AFFTC  Flight  Test  Technology 
Branch  memo  v;ritten  by  Robert  C, .  Hoey  in  January  1970  after  flight  eight 
of  the  test  program. 


INTRODUCTION 


Flow  separation  over  the  inner  tip  fin  anti  rudder  surfaces  (tip 
fin  stall)  has  occurred  on  each  of  the  eight  X-24A  glide  flights.  The 
existence  cf  separated  flow  is  apparent  in  the  rudder  hinge  moment  and 
accelerometer  data.  It  has  been  verified  by  tuft  photos  taken  from  rhe 
center  fin  camera  and  from  chase  plane  photos.  This  has  been  manifested 
to  the  pilot  as  a  mild,  high  frequency,  Mach-type  buffet. 

TEST  DATA 

Tuft  photos  of  the  right  tip  fin  from  the  center  fin  camera  for  3 
flight  conditions  are  shown  in  figure  1.  Three  typical  rudder  hinge 
moment  time  histories  are  shown  in  figure  2  as  the  flight  conditions 
crossed  the  tip  fin  stall  boundary.  These  hinge  moment  traces  are  for 
the  right  rudder  surfaces.  The  left  rudder  traces  are  generally  similar, 
but  the  transition  between  attached  and  separated  flow  appears  to  be 
more  gradual  on  the  left  side.  Correlation  between  tuft  photos  and  hinge 
moment  traces  for  the  onset  of  separation  is  good. 

DISCUSSION 

/analysis  of  wind  tunnel  data  showed  a  large  variation  in  the 
derivatives  Cn ,  and  C;...  for  the  Mach/angle  of  attack  region  in  question 
(figure  3).  The  point’ of  nonlinearity  was  probably  related  to  the  stall¬ 
ing  of  the  tip  fin.  Notice  in  figure  3  that  increasing  the  upper  flap 
setting  tended  to  increase  the  level  of  static  stability  in  the  region 
cf  separated  flow  but  did  not  alter  the  angle  of  attack  at  which  the  flow 
separation  occurred.  Wind  tunnel  data  at  other  Mach  numbers  showed  simi¬ 
lar  trends  and  the  apparent  stall  angle  of  attack  has  been  plotted  versus 
Mach  number  in  figure  4.  The  flight  conditions  for  the  tuft  pictures  are 
shown  by  the  three  numbered  circles.  The  three  hinge  moment  time  histories 
are  represented  by  the  arrowed  lines.  Reasonable  correlation  can  be  seen 
between  the  wind  tunnel  stall  boundary  and  the  flight  test  data  points. 

A  summary  plot  of  all  observed  separation  or  roattach.ment  occur¬ 
rences  is  shewn  in  figure  5.  These  points  represent  a  variety  of  upper 
flap  and  rudder  bias  configurations  (i-Ug  -  ~21  degrees,  -23.5  degrees, 

-30  degrees;  dig  =  0  degrees,  -5  degrees,  -10  degrees).  Although  there 
is  a  considerable  amount  of  scatter  in  the  plotted  data,  efforts  to 
separate  out  the  possible  effects  of  :  udder  bias,  upper  flap  bias.,  side¬ 
slip  angle,  rudder  trim,  or  right  versus  left  tip  fin  stall  have  been 
unsuccessful.  It  does  appear  that  the  intensity  of  the  hinge  moment 
vibrations  was  less  in  the  stall  region  at  the  higher  upper  flap  settings, 
a  trend  similar  to  that  observed  in  the  wind  tunnel  variations  of  Cn 
and  C;  (figure  3)  . 

The  tip  fiM  stall  probably  occurred  when  the  local  flow  near  the 
fin  leading  edge  reached  sonic  velocity.  This  is  indicated  by  the  strong 
dependence  of  the  stall  boundary  on  Mach  number  and  angle  of  attack. 

A  two-dimensional  flow  analysis  for  the  tip  fins  conducted  by  11.  Banner, 
NASA  Flight  Research  Center,  using  wind  tunnel  pressure  data  confirms 
the  possibility  of  local  Mach  numbers  approaching  1.0  at  freesLream  Mach 
numbers  as  low  as  O.G. 
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EFFECT  ON  FUTURE  FLIGHTS1 

The  Lip  fin  stall  observed  during  test  flights  to  date  has  not 
produced  any  noticeable  degradation  in  the  inherent  aerodynamic  stability 
or  controllability  of  the  X-24A.  The  flow  separation  has,  however, 
always  occurred  asymmetrically  (or  with  asymmetric  intensity)  such  that 
steady  state  pilot  lateral  control  inputs  of  as  much  as  20  degrees  have 
been  required  to  maintain  wings  level  flight.  Since  the  lateral  control 
power  is  quite  low  this  could  produce  a  dangerous  situation  if  the 
asymmetry  becomes  worse  at  higher  Mach  numbers.  Rudder  trim  has  been 
used  very  effectively  to  compensate  for  a  steady  lateral  mistrim;  how¬ 
ever,  momentary  angle  of  attack  or  configuration  changes  near  the  stall 
boundary  produced  transient  lateral  motions  which  were  quite  annoying 
to  tiie  pilot. 

Analysis  of  the  wind  tunnel  data  before  the  first  flight  produced 
the  boundary  shown  by  the  dotted  lines  in  figure  5.  This  boundary  was 
based  upon  analysis  of  the  upper  flap  lateral  control  data  which  shows 
a  sharp  drop  in  effectiveness  for  flight  conditions  above  this  line. 

Note  in  tuft  photo  Mo.  2  that  the  flow  over  the  upper  flap  is  still 
attached  even  though  the  tip  fins  are  stalled.  This  flight  condition 
is  above  the  predicted  tip  fin  stall  boundary,  but  below  the  predicted 
upper  fiap  stall  boundary.  It  is  therefore  anticipated  that  the  predicted 
upper  flap  stall  boundary  is  probably  still  valid  with  consequences  which 
may  be  more  severe  than  those  associated  with  the  tip  fin  stall.  Since 
this  boundary  does  appear  to  be  a  function  of  upper  flap  position  larger 
upper  flap  settings  should  be  used  during  exploratory  flights  to  higher 
'•1  /* ch  n umb crs  . 

CONCLUSIONS 

The  tip  fin  stall  observed  on  X-24A  glide  flights  appears  to  corre¬ 
late  with  nonlinearities  in  certain  wind  tunnel  derivatives  and  is  not 
in  itself  cause  for  concern.  The  flow  separation  boundary  is  most  likely 
associated  with  the  occurrence  of  sonic  velocity  near  the  tip  fin  leading 
edge  and  appears  to  be  a  primary  function  of  only  Mach  number  and  angle 
of  uttack ,  Lateral-directional  trim  requirements  associ  ated  with  asym¬ 
metric  tip  fin  stalling  (or  asymmetric  intensity  of  the  flow  separation) 
was  annoying  to  the  pilot  and  could  have  become  dangerous  if  the  asym¬ 
metry  became  more  severe  at  higher  Mach  numbers.  Predicted  boundaries 
for  flow  separation  over  the  upper  flaps  are  probably  still  valid  and 
should  be  considered  in  the  planning  of  high  Mach  number  flights. 


Flights  subsequent  tu  this  memo  did  not  invalidate  these  statements. 
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FLIGHT  He. 2  I 
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Figure  3  X-24A  Wind  Tunnel  Data  -  C 
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] .  Measured  Characteristics  of  the  X-24A  Lifting  Body  Flight  Control 
System ,  FTC-TD-71-12 ,  Air  Force  Flight  Test  Center,  Edwards  AFB , 
California,  to  be  published. 

2 .  Flight  Planning  and  Conduct  of  the  X-24A  Lifting  Body  Flight  Test 
Program ,  FTC-TD-71-10 ,  Air  Force  Flight  Test  Center,  Edwards  AFB, 
California,  to  be  published. 

3.  Re telle ,  John  P.,  Jr.,  Captain  USAF,  Measured  Weight,  Balance,  and 
Moments  of  Inertia  of  the  X-24A  Lifting  Body,  FTC-TD-71-6 ,  Air  Force 
Flight  Test  Center,  Edwards  AFB,  California,  November  1971. 
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is.  AosTRicr  Tbe  objectives  of  determining  the  performance  characteristics 
of  the  X-24A  lifting  body  from  flight  test  data  and  correlating  these 
results  with  wind  tunnel  predictions  were  successfully  accomplished. 

Lift  and  drag  characteristics  were  computed  from  onboard  measured  accel¬ 
erations  and  flight  conditions  while  the  vehicle  was  in  gliding  flight. 
Performance  data  were  obtained  over  Mach  nuinber  and  angle  of  attack 
ranges  of  0.26  to  1.5  and  1.5  to  19.6  degrees,  respectively.  Discrepan¬ 
cies  were  apparent  between  different  wind  tunnel  predictions.  However, 
flight  test  data  generally  exhibited  lower  lift  and  slightly  lower  drag 
than  wind  tunnel  predictions  with  the  result  that  flight  test  and  wind 
tunnel  L/D  values  were  in  reasonably  good  agreement.  Effects  of  Mach'  1 
number,  vehicle  control  surface  configuration,  and  landing  gear  deploy¬ 
ment  on  performance  parameters  were  determined.  Degradation  of  flight 
performance  at  low  subsonic  Mach  numbers  was  attributed  to  tip  fin  flow 
separation.  In  Volume  II  of  this  report,  supersonic  performance  com¬ 
parisons  are  made  between  the  PRIME  and  X-24A  vehicles,  both  of  which 
were  the  same  aerodynamic  configuration  (SV-5) .  A  significant  degrada¬ 
tion  in  subsonic  performance  due  to  simulated  ablative  surface  roughness 
was  obtained  in  full  scale  wind  tunnel  tests.  Flight  testing  of  simu¬ 
lated  ablatives  on  the  X-24A  was  not  pursued;  however,  the  estimated 
effects  of  the  ablatives  are  discussed  in  Volume  II. 
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